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1.0.30 INTRODUCTION

The objective of a Data ‘ompendium (Datcom) is to provide a
source of easily acressible technical information to the engin-
eer, designer, or scientist. Since new tachnical information
is constantly being generatad, the Datcom format has to be
flaxible enough to allow additional material to be included
with the least amount of overall revisions.

This particular Data Compendium summarizes the key helicopter
airfoil information icvailable to date from unrestricted sources.
In the future, additional airfoil data might be included which,
at present, is either proprietary or alassified.

At its first release, the Datcom contains forty-three (43)
sheets of airfoil data, covering the basic configuration and
modifications of the sections employed on most rxotors, with
the exception of proprietary or otherwise unavailable
information on some recent rotor sections.

Besides the systematic presentation of airfoil data, the Datcom
includes saections which review:

[ The definition and significance of the airtoil
parameters cf interest in rotor applicatiors.

® Key trends in airfoil data.

) Theoretical and experimental methods for the
evaluation of section characteristics.
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1.0.40 GUIDE TO VOLUME

The material presented in the Airfoil DATCOM is
divided into fonr main grou s:

l. Definitions

This section explains the meaning, use, and
derivation of the aurodynamic parameters of
interest for rotor airfoil applications, in-
cluding the classification of airfoils and
the defianition of basic NACA airfoil coordi-
nates.

2. Theory and Empirical Methods

This section covers material that will assist
in the proper understanding and utilization
of both theoretical methods and test data.

3. Data

A systematic compilation of available test
data presented in a standardized format,
Each airfoil is shown under a separate data
sheet which includes coordinates, a descrip-
tion of the model, and key characteristics
of the method of testing.

4. Sample Calculations

This section shows how theoretical and experi-
mental data can be utilized to obtain in-
formation not covered by available test data.
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DATA SHFFT IDENMTIFICATION

‘

The numbering system used in the present DATCOM vorume identi-
fies the broad category and the subject under which mach item
of information is described. This system will allow the addi-~
tion of new sheets within the initial set of data sheets with-
out having to renumber the entire volume.

The significance of the numbers identifying each data sheet is
described below:

Topicsa
Number for within
Additional Data Page
Data Sheet Number Data Sheets Sheet* Nemt,
L,
.4!////////// To be used only
’ for additions
/’Aﬂ< pecveen pagest
Volume Number Type of Information
1 - Airfoil DATCOM 0 ~ Introduction
1 = Definitions, Standards, Sign
: Conventions

2 -~ Theoretical and Empirical Mathods,
Description of Physical Phenomena,
and NDasign Methodology

3 - Theoretical and Experimental Data

4 -~ Sample Calculations

#Shown on’y whan needed

/

.
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; 1.1.10 LIST OF SYMBOLS

a gquantity used to define mean lines of NACA 6-series air-
foils, where a is the distance in chords from the leading
edge over which the loading is uniform at the design
1lift coefficient

a speed of sound
e airfoil chord

Ctab chordwise length of trailing edge tab

b Co chordwise force coefficient
Cq drag coefficient
‘ : Cdpip Minimum drag coefficient
cd, drag coefficient at zero lift _
Cf skin friction drag coefficient
Cy lift coefficient
Cog design lift coefficient
. 3 maximum lift coefficient
| max
! Cm pitching moment coefficient, resolved about the quarter-
chord unless otherwise noted
Cmg pitching moment coefficient at zero lift
Cp normal force coefficient
Cp pressure coefficient, (P - Pg)/¥0Va
Cpe pressure coefficient compensated for compressibility
1 Cpg incompressible pressure coefficient
fp drive frequency in oscillating airfoil test
k reduced frequency, cfi/2V
Ky constant used in describing the mean line of NMACA 5-digit
series airfoils
m constant used in describing the mean line of NACA 5-digit

series airfoils

M Mach number
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Mopit

Mpp

Mg

Re

z4

yﬂ.ﬂl!

Yt

critical Mach number; freestream Mach number at which the
local Mach number, My, first equals 1.0 at some point on
an airfoil

drag divergence Mach number, defined as the freestream
Mach number at which dCy/dM = 0.10

local Mach number

frequency of vortices in wake, used to define the Strouhal
number

static pressure

dynamic pressure, ¥oV?

icading edge radius of an airfoil section

gas constant

Reynolds number, pVL/u, where for airfoils, the character-
istic length L is the chord. Reynolds numbers can be based
on other dimensions such as maximum thickness or boundary-

layer thickness

strouhal number, nD/V where D is a character.. .ic ¢imension
of the body

maximum thickness of airfoil

absolute temperature

local velocity components

velocity

abscissa

abscissa, upper surface of airfoil contour

shscissa. ‘ower surface of airfoil contour

ordi- .
up? irface ordinate at x/c = 0.0125; used for correla-
t’ £ 1ift stall characteristics

" nate of the mean line of an airfoil section

iinate of the thickness distribution of an airfoil
action
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1.1.10-3

skewed coordinate, used in plotting suction loops

a angle of attack, in degrees

a; angle of attack at the "design" condition of an airfoil
section

Y ratio of specific heats of a gas

S¢ab trailing edge tab angle measured from the chordline of
an airfoil, defined as positive in the direction for
which pnsitive camber is increased

A increment

0 an angle, the tangent of which is the slope of the mean
line

M absolute viscosity

Mo function used in thin airfoil theory to evaluate the
pitching moment of a section

v kinematic velocity

p density

Y] rotational velocity

Subscripts

ae aerodynamic center

e identification of mean line characteristics

c/4 for quantities referenced tc the quarter-chord

comp compressible

ep center-of-pressure

i "ideal” or design value

ine incompressible

L lower surface, in identification of airfoil coordinates

L local, in reference to flow conditione

L.E. leading edge




maximum value

zero lift condition

total

trailing-edge tab

upper surface, in identification of airfoil coordinates

freestream condition
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1.1.20 AIRFOIL GEOMETRY - DESIGNATIONS AND CONVENTIONS

Figure 1 illustrates how mean lines and thickness forms are com-
bined to form NACA airfoils. Although some modern airfoils are
designed by taking into account the local contour curvature to
optimize some specific supercritical characteristics, many air-
foils for helicopter rotor applications can be approximated by
the NACA classification.

0, WHERE TAN® IS THE SLOPE

OF THE MEAN LINE
/////—- MEAN LINE
y S bu //—-cunm LINE

Tea¥t
FOR LOCATION OF L.E. CIRCLE

*RADIUS THROUGH END OF CHORD

*CENTER ON LINE THROUGI END OF CBORD,
WITH SLOPE OF MEAN LINF AT 0.52 OF CHORD.

Pigure 1 Method of combining mean lines and
basio-thickness forms

In the NACA system, an airfoil shape is obtained by wrapping a
symmetrical thickness form around a mean line. The airfoil
thickness is applied along lines perpendicular to the mean line
by the following relationships:

Ty, = To- yt 8in 0

Yy ™ Yo * Y, cos @

Ty = Tyt Y, sin O
¥y = Yo - Y¢ cos ©

where
x is the abscissa

¥, s the ordinate of the mean line
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@ is the angle whose tangent is the slope
of the mean line

¥¢ is the ordinate of the thicknesa distribu-
tion at =x.

By definition,

. Leading edge and trailing edge are the forward and
rearward extremities of the mean line.!®

« The chordline is the straight line connecting the
leading and trailing edges.'
The leading-edge circle associated with each thickness shape is
applied to a cambered airfoil by

. Drawing a line passing through the leading edge with a
slope corresponding to the mean-line slope at 0.008e.

- Drawing a circle centered at one radius distance from
the leading edge along such a line.

+ Fairing the airfnil contour into the leading edge circle
on the upper and lower surfaces.

Helicopter rotor airfoils generally fall into one of the follow-
ing categories:

A. NACA Four-Digit Sections

These sections were defined from the best early airfoils. Only
the symmetrical sections of this series have been used on heli-
copter rotors and, until recently, the majority of rotors used
the NACA 0012 airfoil almost exclusively.

The thickness distributions of the NACA four-digit sections
follow the relation:

2(ye/c) = (te/e)/0.2]) 10.29697Vz]C - 0.126(x/c) - 0.3516(z/c)?
+ 0.2843(z/c)? ~ 0.1018(=/e)"],

where ¢ is the maximum thickness.

The leading edge radius is
r/e = 1.1018(t/c)?,
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The significance of the numbering system is as follows:

NACA 0012
T\
Maxisum value of Section thickness
mean line ordinate in percent of chord
¥, in percent of
cﬁord 4

Distance along chord from
leading edge to location

of maximm camber, in tenths
of chord

B. NACA Five-Digit Sections

Until recently, most of the cambered sections successfully
employed on helicopter rotors have been of the NACA five-digit
1 series, or modifications thereof. In a number of instances,
the closest NACA identification has been used to describe air-
foils resembling NACA sections.

The thickness forms are the same as for NACA four-digit series.
Mean lines are described by the folloving equations:

yo/c = (1/6)k,[(z/c)® - 3m(z/c)? + m*(3 - m)(z/c))

0 L z/csm

yp/c = (1/8)k m*[1 ~ (z/c)] m<zx/focSom i

e G made il ke e e e e

Values for m and k1 are tabulated below. Equations and tables
have been taken from Reference 1.

‘ MEAN-LINE | POSITION OF MAXIMIM
DESICRATION CAMBIR, z/c m ky |
210 0.0 0.0580 | 361.400
220 0.10 0.1260 51.640
230 0.15 0.2025 15.957
240 0.20 0.2900 6.643
250 0.2% 0.3910 3.230
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The significance of the numbering system is as follows:

NACA 23012

2/3 of design 1ift Section thickness

coefficient, in in percent of chord
tenths

Twice the dis:ance
from the leading
edge to the location

of maximum camber,
in percent of chord

C, NACA 6-Series Airfoils

This airfoil family includes sections with mean lines and
thickness forms selected to conform to prescribed loading
distributions. Such mean lines and thickness distributions
cannot be summarized by simple expressions as was the case
for four- and five-digit series airfoils. A tabulation of
mean-line and thickness values for 6-series airfoils can be
found in standard airfoil reference texts such as Reference 1.

The significance of the numbering system is summarized below:

Design lift i
Series cnefficient Thickness, in
designation in tenths percent of chord k

-

— |

NACA 64,212 (a = 0.8)

N

Chordwise position of Range of lift Type of maan line
minimum pressure in coafficient 4in used, vhera "a" is
tenths of chord, mea- tenths above and the distance 1in chords
sured from leading below the design from the leading edge
edge, as defined for 11ft for which for which the loading
the bdasic symmetrical favorable prassure is uniform.

thickness form at zero gradients exist on

11f¢ both surfaces
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D. NACA Helicopter Sections

During the 1940's, NACA conducted a systematic investigation of

a series c¢f cambered low drag and low pitching-moment helicopter
airfoils. However, the performance of those sections was ais-
appointing, because they rely too much on the maintenance of
extensive laninar flow. The difficulty in achieving the low drag
potential, and the low maximum 1lift characteristics, prevented
their actual application to helicopters; but, in a few instances,
they have been employed on gyroplanes.

NACA helicopter airfoils were identified with the following
designation:?’?

MACA 8 -H-12

Tl—
Serial ///::;rcvintion Thickness in per-

nusber for "helicopter” cent of chord

E. Other Cesignations

Other designations of helicopter airfoils have been arbitrary, as
they usually identify the originating organization, the serial
number, and sometimes, the design lift coefficient and thickness.

References

1. Abbott, I.H., von Doenhoff, A.E., Thzory of Wing Sections,
Dover Publications, N.Y., N.Y., 1958.

2. Tetervin, N., Tests itn the NACA Tvo-Dimensional lLow-Turbulence
Tunnel of #lcefoil Sections Designed to have Small Pitching
Moments and High Lift-Drag Ratios, NMACA CB No 3113, 1943.

3. Stivers, L.S., Jr., Rice, F.J., Jr., Aerodynamic Character-
istics for Four NACA Airfoil Sections Designed for Reli-
copter Rotor Elades, NACA WR L-29, 1946.




1.1.30

DEFINITION OF AERODYNAMIC PARAMETERS

The objective of this section is to review the definition
of aerodynamic parameters of interest with airfoils for heli-

copter

The

X (1)
‘ (2)
) 3
(4)
(S)
(6)
A
1 (9)
(10)
(11)
(12)
(13)
(14)
(15)
(16)
[ (17)
(18)

: (19)
| (20)

rotors.

following parameters are reviewed:

Aerodynanic Center
Angle-of-Attack

Camber and Mean Line
Center-of-Pressure

Chordline

Crestline

Critical Mach Number

Drag Divergence Mach Number
Drag Rise after Drag Divergence
Force and Moment Coefficients
Lift-Break Boundary

Lift-Curve Slope

Mach Number

Mach Tuck - Compressibility Effects on Pitching Moments
Maximum Lift Coefficient
Reynolds Number

Suction Loops

Stall, and Types of Stall
Static Stall Rysteresis
Strouhal Number

s e v ———— e
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1. AERODYNAMIC CENTER

The aerodynamic center of an airfoil is defined as the
point about which the sectional pitching moment is inde-
pendent of 1lift, or angle of attack. The pitching moment
about the aerodynamic center, identified as Cmger 18
identical to the zero-lift pitching moment, Cnm,.

The zero lift pitching moment, which is a pure couple,
can be easily determined from test data or by means of
potential flow theory.

According to thin airfoil theory, the aerodynamic center
is always located at one-quarter chord from the leading edge.
Viscosity and compressibility influence the aerodynamic cen-
ter so that on airfoils of finite thickness, the aerodynamic
center is seldom at the quarter-chord, even at low speeds.
Over the unseparated range of lift, the aerodynamic center
can be determined from test data by evaluating

(z/¢),, = dlmpp/dCy, for dCy/da = constant.

or, 'since the pitchin¢ moment about the quarter-chord,
cmc/u is a more commonly quoted value,

(x/c)ac = (1/4) - (dcmqﬂ‘/&Cg).

While not a primary design objective, the aerodynamic
center location is important, and the general consensus
is that at low speed, it should be as far aft as possible;
typically between 27 and 28 percent of chord from the
leading edge.

There is experimental evidence that by modifying a standard
NACA 4- and 5-digit series trailing edge to include a cusp or
undeflected trailing-edge tab, the aerodynamic center of a
section will be shifted aft (p. 182 of Ref 1). This can also
be seen by comparing data for the NACA 23012, with and without
T.E. tab, in sheets 1.3.,200, 1.3.210, and 1.3.220.
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2. ANGLE-OF-ATTACK

On a two-dimensional basis, the angle-of-attack is defined
as the angle between the remote wind and the chordline of an
airfoil. The angle of attack is also defineld as positive in
the direction for which its increase results in inc-reasing
life.,

D ————
~)

“57 \—caosor1xe

Figure 1. Angle of Attack

The calculation ¢of the angle-of-attack environment in the
flow field of a rotor in flight is quite complex as it in-
volves an evaluation of the velocities induced along rotor
blade elements in a flow field influenced by rotational, for-
ward-£flight, and flapping-motion components. .

Tl % .t o oae . om aia
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3. CAMBER AND MEAN LINE

Camber is the curvature of the airfoil section relative to
its chordline. Camber distribution, magnitude, and position
of maximum camber are detarmined by the specification of the
mean line (see Figure 2; also Section 1.1.40), The shape
and displacement of the mean line determine the chordwise
load distribution, angle of zero lift, and pitching moment
coefficient of an airfoil.

___MPAN LINE OR
CAMBER LINE

- -
P i -
- O g,

LY

\\"‘CBORDLINE

Figure 2. Geometry o airfoil sectionse

The amount and location of tha maximum camber for a aumber
of airfoils is list=d in Section 1.2.40.

The mean line is the locus of points situated halfway he-
tween the upper and lower asurfaces of an airfoil section—the
distance between the upper and lower surfaces and the mean
line being measured normal to the mean line. In the case of
an uncambered airfoil, the mean and chord lines are the same.

A typical cambered airfoil section is composed of a mean

line and a thickness distribution combined using the following
relationships:

For the upper surface:
Ty ™ T, -~ Yy 8in 6,

Yy =™ Yo t+ Y4 €08 0.
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For the lower surface:

z, m 2o + y, #in 8,

L
Yy = Vg - Yy cO8 8,

where r_., y. and tan 6 are the ahaciasas, ordinates, and
slopes 8¢ tﬁa mean line, and y, is the ordinate of the sym-
metrical thickness distribution at chordwise point =z.

Airfoil section properties associated with the shape and
magnitude of the mean line are:

(1) chordwise load distribution
(2) angle of zero lift
(3) pitching moment coefficient

(4) maximum lift coefficient.




P

et S i e oA+ 2 =

1.1.30-6

4. CENTER-OF-PRESSURE

The center-of-pressure is the distance from the leading
edge to a point on the chord through which the resultant
pressure forces on the airfoil section car be assumed to
act. The position of the center-of-pressgure shifts with
changes in lift coefficient, and falls outside of the chord
at lift levels approaching zero lift.

The location of the center-of-pressure is:

xa.p./c = 0,25 - (C /Cyl,

Ma/d

for pitching moments defined about the quarter-chord.
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5. CHORDLINE

The chordline is defined as the straight line connecting
the leading and traiiing edges of an airfoil profile, where
the leading and trailing edges are defined as the forward
and rearward extremities, respectively, of the mean line.
For some highly cambered airioils with pronounced trailing-
edge cuips, this results in the chordline passing outside
of the contour (Figure 3).

Figure 3. Chordline of an airfoil

Some airfoils use a reference line which differs from the
standard MAC2 chordline; e.g., the reference line on the
V23010~1.58 is such that the aft 50 percent of the airfoil
profile is bisected by it (Figure 4).

( —

NACA REFERENCE LINE

il =

v23010-1.58

Figur~ 4. Comparison between the NACA rcference line
and the reference line for the V23010-1.68
atrfotil

REFERENCE LINE FOR THE
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6. CREST LINE

The crest line is a location on the surface of a wing
section which is tangent to the remote wind (Figure 5).
The crest location at a given incidence is used in the
methods for the theoretical determination of drag-rise con-
ditions. At low incidence, there are two crest jocations
of interest, one on each surface.

/—CR.EST LGCATION
/

Figu—~ 5. Crest location over an airfoil
section )

Ve
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7. CRITICAL MACH NUMBER

By definition, the "critical"” Mach number is the freestream
Mach number corresponding to the first occurrence of sonic
flow over the surface of a body in motion through a fluid;
%.e., the condition for which ¥, = 1.0 somewhere on the air-

oil.

If the local Mach number first equals 1.7 in the vicinity
of the leading edge of an airfoil, experience shows that no
significant effects take place until ¥, = 1.2 or higher, pro-
vided that the velocity peak is not so sharp as to cause
boundary-layer separation.

A typical critical Mach number boundary is illustrated in
Figure 6.

— BOUNDARY FOR My = 1.0

LIFT COEFFICIENT, Cy

MACH NUMBRR, M,

Figure 8. Critical Mach number boundary

The evaluation cf critical Mach number boundaries from poten-

tial flow solutions for airfoils is uzeful for the preliminary
assessment of the lift levels at which significant compressi-
bility effects first take place.

o o admias & .
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8. DRAG DIVERGENCE MACH NUMBER

The drag divergence Mach numbe- of an airfoil section is
defined as the Mach number for whish dCq/dM = 0.1 as airspeed
over the airfoil is increased at ccnstant angle-of-attack.
Thi . is illustrated in Figure 7.

o = CONST

\\\-deHM-O.I

DRAG COEFFICIENT, Cg

e B

MACH NUMBER, M
Mpp

Figure ?. Drag divergence Mach number
derived from test data

Drag divergence boundaries are generally described in terms
of 1ift coefficient, as shown in Figure 8 for a number of
sections

.
o

.
L

.
nN

(-]
Y

LIFr COEFFICIENT, Cy

]
.
~N

Figure 8. Comparison of drag
divergence boundaries

This boundary can also be estimated theoretically when a
potentisal g£low solution for the velocities on the surface of
an airfoil is available. The theoretical estimate of drag
divergence involves identifying the conditions for which the

TS
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flow is first sonic (Nipgal = 1.0) at the crest of an airfoil
where the crest is a location on the surface tangent to the
remote wind. Although such an estimate is always somewhat
conservative, theoretical Npp boundaries a:e very useful in

comparing airfoil sections, as might be reguired during airfoil
design and optimization.

Crestline theory is described in detail in Reference 2. The
use of the drag divergence boundary has typically been limited
to the low-1lif‘: range, but recently, it has been extended to
1ift levels comparable to the maximum lift boundary®.

The drag divergence Mach number at zero lift, or at some
low-1lift level, can be used as an indicator of the usefulness
of a section over the outboard portion of a blade on a rotor
in forward flight.

NPT

B e
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9. DRAG RISE AFTER DRAG DIVERGENCE

This is more critical than the drag divergence Mach number
because drag rise after drag divergence is the source of the
power penalty and loads associated with operation at high Mach
numbers on the advancing blade. One approach" utilizes, as a
measure of the usefulness of a section, the Mach number at
which the low-speed, zero-lift drag coefficient of the NACA
0012 is doubled. The drag coefficient value suggested for
reference is Cdo = 0.018. A further refinement could be made
by using drag coefficients approximately compensated for
dynamic pressure and chord, such as Cq x M? as shown in Figure
9, or Cq x (chord) x M2 as would be necessary to take blade

taper into account.

016

o VR=?
* ¥23010-1.98
* V-1
"= .CLe} AVR=0

s Vo011
*V13006-0.7

.013p

Rt S
S eeecmcccncsennmancndie

SERD LIFT DRAG CORPPICIENT, Cq, »
°
o
-
g

Figure 8. Compressibility effectes
on airfoil drag at sero lift

The approach used in Reference 4 is a good criterion
by which to judge the usefulness of a section employed near the
tip of a rotor blade; its disadvantage being that a reliable
assessment of the drag rise can only be obtained through tests.
However, since shock - boundary-layer interaction and flow sepa-
ration are subjects of intensive research, in the near future,
it might be possible to accurately estimate drag beyond drag

divergence using analytical methods.
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The rate of change of drag with Mach numbex, dC4 /dN, after
drag divergence is not necessarily a good measure of drag per-
formance because some sections undergo early drag "creep,”
followed by some leveling off of the drag with increasing
Mach number until a steep drag-rise condition is reached. It
is important to remember, however, that some sections display
a more pronounced growth in drag after drag divergence than
others; e.g., rooftop airfoils?.
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10. FORCE AND MOMENT COEFFICIENTS

Force and moment coefficients are nondimensionalized by the
freestream dynamic pressure and a reference area. In the case
of two-dimensional characteristics, the forces and moments are
per unit length of span. The coefficients most commonly used
in theoretical and experimental work are:

Cp 1lift coefficient Llift force/qac on wind axis

cq drag coefficient drag force/q«c on wind axis

Cn normal force normal force/qgc on body axis
coefficient

C, chordwise force chordwise force/qyc on body axia
coefficient

Cm pitching moment moment/qqe?

coefficient

where

o = ¥oV2 is the freestream dynamic pressure, and p i8
the density of the fluid medium.

Two-dimensional force and moment ceefficients are identified
by lower-case subscripts; for example, ¢,, (4, while three-
dimensional cocfficients are identified §y capital subscripts;
Cr, Cp. In helicopter rotor calculations, two-dimensional data
is generally employed in conjunction with a strip-analysis
approach.

Figure 10 illustrates the relationship and sign convention
of forces and moments.

Figure 10. Sign convention for forces and momentea

A 2

-
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whare

Cy = Cq cos a + Cyq 8in a
Co = Cq cos a - Cy sin a.

The pitching moment is defined as positive ia the nose-up
direction (the direction of increasing angle-of-attack).
NOTE: Unless ~therwise ncted, the pitching moment information

contained in the DATCOM will be resolved about the
quarcer-chord.




11. LIFT-BREAK BOUNDARY

The lift-break boundary is defined by the lift coefficient
and Mach number values for which dC,/dM_ = 0 when Mach number
is increased at constant angle-of—attacﬁ. This boundary has
been successfully related to rotor noise. Examples of lift-
break boundaries are shown in Figure 11, and the derivation
of a lift-break boundary is shown in Figure 12,

|
NT
»

VR-1
NACA 64A200
V13006-0.7

AP /
veoll

v213010-1.30

LIFT COEFFICIE
T

° L . 1 1 I .
.5 -6 ) ) N

MALH NUMBER, M.

Figure 11. Lift-divergence boundaries
of several airfoils

L
\\| --LIFT-BREAK
e \ \ -~ BOUNDARY
- (% Y 94
5 R
dCy/dMe = 0
. § . N /= dCy/Ma
. E N

Q
(F] Gy
K
Lo

— -

 MACH NUMBER, M,,

Pigure 12. Determination of lift-break boundary
from lift-coefficient data
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12. LI®r-CURVE SLOPE

In incompressible, inviscid flow theory, the lift-curve
slope (dC;/da) of a thin airfoil section is 2w/radian or
0. 1097/d¢g. Compressibility, viscous effects, and airfoil
geometry influence the lift-curve slope. Compressibility
effacts can be accounted for by the Prandtl-Glauert rule,
and the combination of thickness and compressil ility by the
Kaplan rule!.

The Prandtl-Glauert relation is

(dCy/da) o omp 1.0

@) g " fi0 - WP

The Kaplan rule is

(dCy/da)

comp . . . t/e (U - 1.0) + &(y + 1.0)(u? - 1.0)?
(dCy/da) ;e 1.0 # Fe7aT [ (v S Aty ¥ :
where

u o= 1.0/#1.0 - N3,

Yy i8 the ratio of specific heats, and

e Bt ™ Al e

t/c is the thickness ratio of the airfoil.

L.
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13,

MACH NUMBZR

Mach number is the ratio between the airspeed and the speed
of sound. %The Mach number is used ir the correlation of phe-
nomena in which compressibility effects cannot be considered

negligible.

where the speed of sound:

M= V/

a = /YRT.

In air, the specific heat ratio is y = 1.4 for temperatures
up to 1000°R, the gas constant R = 1715 ft-1b/ealug®R, so the

speed of sound is g

= 49.1/T (ft/sec), for temperatures

expressed in degreegtﬁankine.

Increasing the velocity over an airfoil section from low to
high subsonic Mach numbers at ccnstant angle~of-attack will
cause flow conditions which can be described as follows:

FLOW CONDITION
A. Fully attached flow

B. Incipient compressibility
effects

C. Full trausition from
subcritical to super-
critical ' w

PHENOMENA OBSERVED
Drag is low

Life, prcaauzgﬁ and lift-curve slope vary
as 1-0/{ . -

Mlocal € 1.0 everywhere
Mloeal *+ 1.0 cver some portion of the
sirfoil surface

Drag 1is low, but no longer at minimum
drag levels

Loads start to deviate from the 1/v1.0 - EI
trend

Early turbulent transition

Drag divergence is reached, dCq/dM 2 0.1

dCy/da reaches highest value and then
decreases rapidly

Lift and pitching moment start breaking
(onset of 11ft break and '"Mach tuck')

Mlooal > 1.0 over a small portion of the
airfoil asurface




D.

Supercritical flow

1.1.30-19

* Mlooal > 1.0 over a substantial portion of
the airfoil surface

* Laxrge pitching wmomantas

* Rapid drag rise beyond the drag divergence
boundary.

S TP T T Rt A€ a2 i.
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14. COMPRESSIBILITY EFFECTS ON SECTIONAL PITCHING MOMENTS

The growth of pitching moments with Mach number became a
significant parameter with the introducticn of cambered air-
foils and structurally softer blades. This phenomenon is re-
ferred to as "pitching moment break" or, borrowing the term
from fixed-wing terminology, "Mach tuck." This growth in
pitching moments coincides with t.e onset of transonic flow
conditions, and it is associated with both a rearward shift
in the aerodynamic center and an increase in pitching moments
about the aerodynamic center.

The pitching moment break boundary can be defined either
by some rate of change criteria; e.g., dCp/d¥ = constant, or
by an absolute pitching mcment value corrected for chord and
dynamic pressure, such as meMz shown in Figure 13, or
Cp x (chord)? x M2,

0lp

:v::mo-x.n. dpppe0’
-.08} :\‘r&igxo-x. S8, dppp=-3°

VR-4
;. v13006-0.7

SERO LIFT PITCRING NONENT, C-. x n?

-.07F

Figure 13. Compreesibility effecta on airfoil
pitching moment at zero lift
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15, MAXIMUM LIFT OR NORMAL FORCE COEFFICIENT

At low Mach numbers, the maximum lift coefficient from test
data can be defined as the 1lift fior dCy/da = 0.0 as airfoil
incidence is increased at consztant Mach number. At higher Mach
numbers (M > 0.5 for typical helicopter rotor airfoils) or, in
the presence of thin airfoil stall, the maximum lift cannot
always be defined as the condition at which dCy/da = 0 because
at angles-of-attack approaching stall, the lift-curve slope
can decrease to low values without reaching dCp/da = 0. This
is illustrated in Figure 14. When dCy/da = 0 is not a prac-
tical criterion, a finite vaiue of dCy/da or C4 can be used
instead. In some airfoil work, & value of Cq = 0.05 has been

suggested’.
aCy

Lo~
4ac,y
a;'->0. M<.8
Cq=0.05 ’

M>.5

LIPT COEFFICIENT, C; —&

ANGLE OF ATTACK, o —»

Figure 14. Definition of mazimum
1ift coefficient

!
!
|
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16. REYNOLDS NUMBER

The Reynclds number is a nondimensional parameter defined
as the ratio of inertial to viscous forces. The

Reynolds number level has to be taken into account when deal-
ing with sectional data, since viscosity has a significant
effect on key characteristics such as the drag coefficient
and the maximum lift capability.
Reynolds number has the form:
Re = pVL/u,
where
Vv i8 the velocity of :che fluid
p te density of the flutid
u 28 absolute viscosity of the fluid
L i8 a characteristic dimension of the bhody.
In airfoil work, the characteristic dimension [ is taken to
be the chord, although the maximum thickness could be used in

correlating the drag of blunt bodies, and a Reynolds number

based on boundary-layer thickness is used in boundary-layer
theory. '

Typical values at sea level standard conditions are:
p = 0.002378 slugs/ft®
W= 3.718 x 10" .luge/ft-sec

for M_ = 1.0, Rg = 7.1 x 10%/f¢t

Oor Re = 5.83 x 10%/in.
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17. SUCTION LOOPS

Suction loops are used in evaluating the drag coefficient
of an airfoil section from surface pressire measurements. In
rocent years, the suction loops obtained from incompressible,
inviscid flow solutions have been used to judge the potential
for good transonic performance on the basis of extensive corre-
lation work with experimental data?.

A suction loop is obtained by plotting theoretical or experi-
mental pressure coefficients against a skewed coordinate, s3'/¢,
measuring the distance between the surface of the airfoil and a
line parallel to the remote wind, e.g. passing through the
trailing edge, as illustrated in Figure 15.

As discussed in Reference 2, the transonic performance of an
airfoil is related to the way in which the surface pressures, at
low speeds, vary between the leading edge and the crest. A good
transonic aizfoil should have low-speed suction loops similar to
the one shown in Figure 15, i.e. displaying a low dcp/d(z'/c)
approaching the crest from the leading edge.

LEADING EDGE
PRESSURE PEAK
fp
CREST
PRESSURE
z'/c B
/—-8 /e
¢ z
[o )
Va»b

Figure 15. Example of a suc:cion loop
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18. STALL AND TYPES OF STALL

A commonly recognized definition of stall describes it as
the flow condition which follows the first lift-curve peak®.
As substantial separated regions develop with the onset of
stall, sectional drag forces and pitching moments grow to
very large values, while the lift, after reaching some maximum
level, decreases to an after-stall level more or less rapidly,
depending on the character of the stall.

The flow conditions over an airfoil as incidence is increased

from zero lift through stall at constant Mach number can be sum-
marized as follows:

Phenomena Observed

(1) Pully Attached Flow ’ * Linear dCy/da aud dCp/da

+ Low drag coefficients

» dCg/da and dCp/da become nonlinear

(2) Incipient Separation i . Slow growtn in drag

« Attaipment of maximum 1lifi
+ Pitching woment stall occurs with-
in a small ta excursion from Cyp,.

* Reduction in 1lift beyond C‘ma:'
This change can be extremely
abrupt in leading edge stall.

* Large increase in drag

(3) Stall Events

INCREASED ANGLE-OF-ATTACK

with increasing angle-of-attack
until angle-of-attack becomes
very large (a > 20°).

] (4) Separated Flow Beyond

+ Relatively small changes in loads
Stall ,

As discussed in detail in Reference 7, there are three basic
and clearly distinguishable types of stall. An airfoil can
undergo one type of stall or some combination of two types, de~
pending on its goemetry, Reynolds number, and Mach number. The
surface condition should be included as another variable, but
there is not enough experimental information to allow any
general conclusions to be drawn.

The three basic types of stall are described below, with
illustrations from Reference 8.
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Stall - Due to turbulent separation over the aft
portion of an airfoil. Trailing-edge stall will start at the
trailing edge and progress toward the leading edge. 1In some
cases, the spreading of turbulent separation can be deslayed by
recontouring the trailing edge (e.g., eliminating the excessive
cusp). Trailing-edge stall is gradual, and it is not accom-
panied by a sudden loss in 1ift. Static stall hysteresis is
generally small. BHigh-lift levels are possible.

Tratiling~Edge

Cy,

a

Figure 16. Trailing-edge stall (Gradual)

Leading-Edge Stall - Duc to sudden separation of the boundary
layer because of very high leading~-edge velocities. Leading-
edge stall will result in abrupt and large losses in lift.
Static stall hysteresis is always large. High~lift levels are

possible.
/
Cy /
3 - B
SHORT BUBBLE 2
//«" I §
: z
Yol
232 2 l
' L2 2
]
Figure 17, Leading-edge 8tall (Abrupt)



1.1.30-26

Thin Airfoil Stall - Associated with the growth and eventual
bursting of a separated region which originates with laminar
separation at the leading edge. This separated region,
called a laminar bubble, reattaches downstream as a turbulent
boundary layer. Actual stall occurs when the bubble reaches

the trailing edge. Static stall hysteresis is very small, and
the maximur: lift-range is limited.

Cy,
Loxe /-

|
PE

s 2

Figure 18. Thin airfoil etall (Gradual)

Some simple rules have been suggested to relate the leading-
edge geometry of an airfoil to the type of stall’, but such
criteria do not work on all airfoils; one notable exception
being airfoils of the NACA 230XX family.
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19. STATIC STALL HYSTERESIS

Lift stall hysteresis is determined experimentall)y by in-
creasing the incidence of an airfoil model until complete stall
has been attained, and then by decreasing the incidence until
the flow is again fully attached. Care should be taken to vary
the incidence at a sufficiently slow rate to avoid any dynamic
stall delay effects.

Leading edge stall airfoils display a large static stall
hysteresis loop, whereas airfoils with trailing edge stall or
thin airfoil stall have very little hysteresis. Oscillating
airfoil experience has shown that airfoils with pronounced
stall hysteresis under quasi-steady conditions will display
substantial negative damping during forced pitch oscillation
through stall.

STATIC STALL HYSTERESIS
ASSOCIATED WITH LEADING-
EDGE STALL CHARACTERISTICS

LIFT COEFFICIENT, Cp

ANGLE OF ATTACK, o

Figure 21. Zxzample of static stall hyateresis
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20. STROUHAL NUMBER

The Strouhal numver relates the frequency of organized
vorticity in the wake of a body to the stream velocity and
some characteristic dimension of the body.

S = nd/V,
where
n is the frequency of vortices in the wake
D is a characteristic dimension of the body

¥ is the stream velocity.

In the case of airfoils, the characteristic dimension is
the thickness of the separated region at the trailing edge,
although the trailing-edge thickness might be adequate for
blunt or truncated airfoils. Trailing edge bluntness can
result in vortex shedding within an audible range of fre-
quencies.

For circular cylinders at 5§00 < Rg < 100,000, the Strouhal
number is approximately con‘itant, with a value of § = 0.21
Ref. 9, p. 32).
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1.1.40 DEFINITION OF AIRFOIL DESIGN CHARACTERISTICS

Design lift, ideal angle of attack, angle of zero lift and zero
1ift pitching moment are all airfoil characteristics used either
to design or to catalog airfoils.

Because of the simplifying assumptions in thin airfoil theory,
the best correlation with test data is obtained for airfoils
with thickness not exceeding 10 to 12 percent of the chord and
moderate camber slopes.

Design lift is the lift achieved at the ideal angie of attack.
The ideal angle of attack is defined as the angle of attack at
which the flow enters the leading edge smoothly or, more pre-
cisely, as the angle of attack at which the lift at the leading
edge is zero.* The lift distribution at this particular angle
is shown to be a characteristic property of the section and has
been termed the "basic distcibution."” It is shown that the life
of a wing section may always be considered to consist of: (a)
the basic distribution, and (b) the additional distribution,
where the latter is independent of the mean camber line and thus,
identical for all thin sections.!

Practically, the design lift corresponds to an operating condi~
tion close to the minimum drag level, and allows some excursion
in lift above and below the design point with little penalty in
drag.

Details of the determination of design characteristics can be
found in any text on aerodynamics . There is one formulation
by Glauert’? which lends itself easily to either numerical or
graphical integration. In Glauert's formulation, the angle
for zero lift, the zero lift pitching moment and the design
lift coefficients are, respectively:

3
oy, m—=f (yo/c)fy(z/c)(iz/e) (1)
0
where the angle for zero lift is ag = -84

Cm = 2ug + (1/2)a, (2)

* Th.is condition of smoothnese of flow at the leading edge,
tcgether with the Kutta condition at the trailing edge, are
the basic assumptions of thin airfoil theorxy.
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wvheze
1
bo = [(uo/a)fy(a/e) (dz/e)s
ard
o Cr; = 2m(a; - o)
where
! a; = i(yc/c)f,(z/c)(dx/c). (3)

The functions f,, f,, 3nd f,, respectively, are

e«

filz/c) = 1.0/\’[1.0 - (z/c)qf(z/e) (1.0 - (z/c))]’ (4)
1.0 - (2 )
fo(z/c) = 2 - (/e ) (5)
(z/e)[1.0 -~ (2/0)]
1.0 - (2z/¢)
fylz/c) =

;;Fz/c)[l.o - (z/c)gi]ﬂ'"/'-z ) (6)

The angle of zero lift, the zero 1i £t pitching moment coeffi-
cient, and the design 1lift coefficient can Le estimated graph-

ically utilizing the values for f,, far and f, listed in Table
I.

As the functions f,, f,, and f, become infinite at the leading
and trailing edges, some portions of the integrals defining agq,
Cms and a; must be evaluated analytically. This is accomplished

by assuming that near the ends, the mean line has a general form
] which can be expressed as

y/c = A + B(z/a) + C(z/e)?. (7)

By using Eq (7) in Eq (1), with f,(z/c) from Eq (4}, and inte- |
: grating from x/ec = 0.85 to 1.0, the contribution of the trail-
1 ing edge to the angle for zern 1lift can be expressed as:
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x/c [i(z/c) [y(x/e) Iy(z/0)
0 o - "
0.0125 2.901 8.774 113.150
0.0250 2.091 6.085 39.730
0.0500 1.537 4.111 13.840
0.0750 1.306 3.226 7.403
0.1000 1.179 2.667 4.716
0.15 1.049 1.960 2.447
0.20 0.995 1.502 1.492
0.25 0.980 1,156 0.980
0.3¢C 0.992 0.873 0.662
0.40 1.083 0.408 0.271
0.50 1.273 0 0
0.60 1.624 -0.408 ~0.271
0.70 2,315 ~0.873 ~0.662
0.80 3.979 -1.502 =1.492
0.90 10.610 =-2.667 «4.716
0.95 29.210 -4.131 -13.840
1.00 o « -

TABLE I VALUZS OF FUNCTIONS f,, f,, AND f,

where yo.rs is the ordinate of the mean line at z/c = 0.8§ and
‘{dy/dx), is the slope of the mean line at x/c = 1.0. At the
leadinc edge, f, decreases so rapidly for z/c > 0 that a separate
estimete of Aaq, fOor x/¢ -+ 0 is unnecessary.

For the ideal angle of attack, subatitute Eg (7) into Egq (3) and
integrate, to obtain

ba; = 0.467yq. 44 + 0.0472(dy/dx)y, from =/c = 0 to 0.0§,
and
Aoy = ~0.467yq.45 *+ 0.04?2(dy/dx),’ from z/c = 0,85 to 1.0.
Sirce fifx/¢) grows Lo large valuas only when very close to

z/c = 0 and x/c = 1.0 (see Table 1), a separate evaluation of

the leading edge and trailing edge contributions to g is not
necessary.
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1.2.10 AIRFOIL RELATED PROBLEMS AND SOLUTIONS

Knowledge of the sectional characteristics of airfoils employed
on helicopter rotors, together with an understanding of the flow
phenomena in the rotor environment, are essential for an evalua-
tion of helicopter perfcrmance and optimization of a helicopter
rotor for a particular mission.

The definition of airfoils resulting in an improved helicopter
rotor is part of an iterative cycle. One example of such a cycle
is illustrated below:

ATRFOIL
DESIGN BY

THEORETICAL
METHODS

EXPERIMENTAL
VERIFICATION:
AIRFOIL TEST

FINAL
EXPERIMENTAL
VERIFICATION:
FULL-SCALE
FLIGHT TEST,

EXPERIMENTAL
VERIFICATION:
MODEL ROTOR
TEST

All the steps in the cycle are obviously important to the success
of a rotor optimization effort, but airfeil improvement is only
one of the available avenues. Concentration on airfoils alone
would probably yield quite small returns.

Two of the steps in the cycle described above are particularly
important and they can make the difference between a timely and
successful design and a slow and costly effort. These steps are:
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1.2.10-2

(1) the definition of realistic airfoil design objectives,
and

(2) the ability to predict, by theoretical and empirical
means, a number of key airfoil characteristics.

Of the two tasks, the definition of airfoil design objectives
is the more difficult one.

As challenging as it is, rctor airfoil design is not the only
reason to review and understand in detail the aerodynamics of
airfoil sections. Presented below is a summary of some typical
helicopter problems whi<h could be solved through » stud— of
rotor airfoil sections.

PROBLEM SECTICNAL CHARACTERISTICS TOOLS AVAILABLE TO

AREA OF POSSIBLE INTEREST SOLVE THE PROBLEM

Hover Performance| Drag penalty at moderate | * Test data on contour
1ift levels due to con- exrors

tour errors. s Potential flow/boundary
layer interaction methods
for relatively smooth
contour deviations. The
effect of stimulated
transition can also be

verified.
Sectional pitching ¢+ Test data on trailing
moments not as expected, edge contour variations.

resulting in unfavorable
effective twist, or
pitch-1link loading.

» Thin airfoil theory can
be used to verify pitch-
ing moment levels.

» Test data to verify loca-
tion of aerodynamic cen-
ter with respect to shear
center or c.g.

Skin friction drag due e« Linited data on roughness
to rough blade finish. eftects on wings and air-
foils.

¢ Theoretical determination
of effect of stimulated

transition.

[ .

N
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PROBLEM

Tracking

SECTIONAL CHARA&TERISTICS

AREA OF POSSIBLE INTEREST
Rotor Blade

* Standard solution: trim

Blade mismatch due to dif-
ferences in local Cp (and/
or other blade character-
iatics such as mass dis-
tribution, &/, and small
twist differences).

* Trailing edge devices

TOOLS AVAILABLE TO
SOLVE THE PROBLEM

tabs over a limited por-
tion of span.

distributed along entire
span for localized pitch-
ing moment correction, to
be quantified by comtour
measurements and, if re-
quired, thiu airfoil
theory.

Although the angle for zerd
1ift can be shifted by
changing trailing edge tab
angles, this is generally
undesirable because of the
large changes in pitching
moments associated with
T.E. tab variations. Thus,
T.E. tabs cannot generally
be used to compensate for
twist errors.

Local separation due to
contour error.

* Recontour locally on the

basis of test data on dis-
continuities.

Recontour locally on the
basis of flow visualiza-
tion observations.

Forward Flight
Vibratory Loads
Due to Inade-~

quate Tracking

Separation effects on
advancing blade at Mach
number environment not
covered by whirl-tower
vr other tracking pro-
cedures.

Two- and three~dimensional
test data on contour
errors at supercritical
flow conditions.

Potential flow theory to
determine pressure dis-
tributions. This data
can be used to evaluate
Morit, Mdd, and qualita-
tive differences between
pressure distributions of
actual and required con-
tours.

Inboard contour mismatch
not determined on whirl
cower because of low dy-
namic pressures.

Thin airfoil theory for
overall camber errors.

Thin airfoil theory and
teat data on effect of
T.E. contour variations.

S A, TP R . R P
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PROBLEM
AREA

SECTIONAL CHARACTERISTICS
OF POSSIBLE INTEREST

TOOLS AVAILABLE TO
SOLVE THE PROBLEM

Porward Flight
Vibratory Loads
Due to Premature
Retreating Blade
Stall

Maximum lift capability on
retreating blade

(0.3 <M< 0.8)
due to:

* unexpected requirement
exceeding sectional
capability

s contour error resulting
in loss in maximum 1lift
capability.

Loads prediction method-
ology utilizing quasi-
steady sectional data
and unsteady aerodynamic
corrections for dynamic
stall delay.

Potential flow/boundary
layer interaction
methods for airfoils
with separation cri-
teria calibrated
against test data.

Experimental data on
quasi-steady maximum
1ift capability and
empirical understanding
of contour variations.

Forward Flight
Vibratory Loads
on Advancing
Blade

Pitching moment break on
advancing blade resulting
in torsional deflections
and pitch link loads of
unexpected magnitude.
Such condition is due to
operation beyond the
critical Mach number
boundary over the out-
board portion of the
blade because of:

* unexpected requirement
exceeding sectional
capability

* contour errors.

Two- and three-dimer -
gsional test data on some
contours and contour
errors at supercritical
flow conditions.

Test data on the effect
of trailing edge varia-
tion on supercritical
pitching moments.

Twn-dimensional tran-
sonic flow analysis pro-
grams are available, but
Mach tuck correlation is
not yet complete,

Contour inspection and
review of surface wavi~
ness tolerances over
portions of surface over
which local flow is
supersonic.

Review of three-dimen-
sional relief corrections
used in performance and
load~prediction methodol-

ogY.
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PROBLEM
AREA

SECTIONAL CHARACTERISTICS
OF POSSIBLE INTEREST

TOOLS AVAILABLE TO
SOLVE THE PROBLEM

Forward Flight
Vibratory Loads
on Advancing
Blade (Cont'd)

On "soft blades, drag
can result in an addi-
tional torsional lcad
due to outboard flsp

bending.

Contour inspection and
reviev of surface dis-
continuities in areas
over which local flow is
supersonic,

If contours are correct,
some drag reduction be-
yond drag divergence
might be possible by
local recontouring
guided by some transonic
flow analysis.

Speed Stability

Tilt of tip-path plane
due to pitching moment
break on advancing blade.

Test data on the effect
of trailing edge varia-
tions on pitching
moments at supercritical
conditions.

Same overall approach as
for Forward Flight Vibra-
tory Loads.

Pramature Power
Limit ia For-
ward Flight

If fuselage drag and other
gsources of power loss have
been excluded:

* Overall drag level is too
high due to surface fin-
ish or paint.

¢+ Due to manufacturing
contour error consistent
from blade to blede, and
as such, not detectable
in tracking.

If nonreflecting paint
is used, an alterna-
tive might be to de-
crease grain size.

In absence of teat data,
potential flow/boundary
layer interaction methods
can be used to evaluate
effect of stimulated
transition.

Review blade contours
through systematic geom-
etry measurements.

Verify camber effects
through thin airfoil
theory or a thick air-
foil potential flow
method.

Verify drag divergence
boundaries.

Cont....

Moner x5 N o . AR .
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PROBLEM
AREA

SECTIONAL CHARACTERISTICS
OF POSSIBLE INTEREST

TOOLS AVAILABLE TO
SOLVE THE PROBLEM

Premature Power
Limit in Forward
Flight (Cont'd) -

Verify effect of curvature
changes by potential flow/
boundary~layer interac-
tion techniques.,

Two- and three-dimen-
gsional test data on some
contours and contour
errors at supercritical
flow conditions.

Rotor Noise

Due to operation beyond
the drag divergence
boundary and the lift-
break boundary.

Determination of theo-
retical or experimental
drag divergence bounda-
ries.

Experimental determina-
tion of lift-break bound-
aries.

Rotor performance evalua-
tion methods to establish
flow environment and
correlate noise with
local flow conditions.

Due to trailing edge
bluntness.

Noise frequency correla-
tion with Strouhal number
and thickness of sepa-
rated region.

Trailing edge modifica-
tions to decrease thick-
ness without changing the
effective mean line.

Tail Rotor Vibra-
tion at High
Thruat Levels

Blade mismatch due to con-
tour errors.

Review of blade contours
through systematic geom-
etry measurements.

Verification of camber
effects through thin air-
foil theory.

Verify premature separa-
tion by means of poten-
tial flow/boundary layer
interaction techniques.
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PROBLEM SECTIONAL CHARACTERISTICS TOOLS AVAILABLE T0
AREA OF POSSIBLE INTEREST SOLVE THE PROZL
Tail Rotor Camber or leading edge con-| * Review of blade contours
Vibration at tour deviations affecting through systematic geom-
High Thrust maximum 1ift capability of etry measurements.
Levels sections.

¢ Correlation of camber and

leading edge contour data
with information on maxi-
mum lift and stall char-
acteristics.

* Potential flow/boundary

layer interaction methods
with separation criteria
calibrated against test
data.

Note:

The same airfoil section
used on both main and
tail rotors can have
radically different max-
imum 11ft and stall char-
acteristics because of
differences in chord
(Reynnlds number).

DRIl piii
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1.2.20 THEORETICAL METHODS OF AIRFOIL ANALYSIS

The determination nf the theoretical character-
istics of airfoils generally involves lengthy

and complex calculations, but such calculations
have become practical since +he advent of high-
speed computers. However, wh._.. such calcula-
tions are now possible and practical, a consider-
able amount of experience is often necessary to
prepare the input to such methods and to correctly
interpret the results.

This portion of the airfoil DATCOM summarizes

the key features of various methods for the solu-
tion of the flow about an airfoil. Computer pro-
grams to carry out calculations by these methods
are available to qualified users throvgh various
government agencies.
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1.2.30 EXPERIMENTAL TECHNIQUES FOR THE DETERMINATION
OF AIRFOIL CHARACTERISTICS

An ideal test setup allows quantitative measurements of a
phenomenon within the actual environment in which the phenomenon
takes place. The tools employed to carry out such measurements
should have as little effect as possible on the environment.

To the extent that an ideal test setup cannot be achieved,
the coparison of data from different tests measuring the same
phenomenon can easily be misleading. This is quite true of
the flow environment around airfoil sections.

The objective of this portion of the DATCOM is to review the
overall significance of airfoil data acquired ia two- and
three-dimensional testing.

Two-Dimensional Models

An airfoil model can be defined as two-dimensional when pro-
visions have been made to eliminate flow variations along the
entire span of the model, thus simulating an infinite aspect
ratio.

However, while two-dimensiorality is possible when the flow
over a model is fully attached, this definition becomes arbitrary
when any degree of flow separation is present because of the in-
trinsic three-dimensional character of separated flows. Three-
dimensional effects within regions of separated flow are signifi-
cantly influenced by the actual length of a two-dimensional
model. For this reason, while data at lift levels below the
maximum lift are affected to a relatively small degree by model
characteristics and testing techniques; at lift levels approch-
ing the maximum lift, the flow ceases to be truly two-dimensional
over an ever increasing portion of the airfoil surface, and the
test setup conditions have a significant impact on maximum lift,
stall, and after- =tall behavior.

Test Setup

The finer details concerning the equipment in each test are
rarely described in the test documentation. Therefore, it is
assumed that no problems were encountered when such details
are not covered in the reports. Some examples of this assump-
tion would be: \

« The balance system, when employed, always operated

correctly.

- Balance tares and interactions were checked out and
applied to the data.
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« The measuring equipment was always correctly sized to the
magnitude of the loads to be measured.

» Model motions and deflections were negligible.

+ An adequate seal was provided between model and tunnel
walls.

» Wake probe data was obtained by surveying with an adequate
sampling rate over a sufficiently large wake area.

Since differences among test setups cannot be defined either
quantitatively or qualitatively with any accuracy, the value of
comparative test data on different airfoils can be judged only
on the basis of consistency. If the data is to be comparable
from the point of view of Mach and Reynolds number conditions,
such consistency can be achieved in two ways:

(1) By testing different airfoils in the same wind-tunnel
facility with the same kind of models.

(2) By assessing the compatibility of different sources
through the comparison of test data for at least one
reference airfoil.

A substantial por.lion of the data sheets have been devoted
to Boeing-Vertol 2.rfoil sections because they were tested at
the same wind tunnel, with the same test section configuration,
and with models similar to each other in chord and span. Al-
though the absolute level of the data might be questionable,
the results are still valuable because they provide the basis
for assessing the effect of a number of geometry variations on
aerodynamic performance.

It would be impossible to discuss all wind-tunnel test var-
iables and test corrections; in most cases, a detailed descrip-
tion of the test variables is not available. The following
tables (I through IV) describe some of the equipment and tech-
niques used in wind-tunnel testing, and will provide the user of
the DATCOM with guidance as to the value of a comparison of air-
foil data from different sources.

|
1
i
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DESCRIPTION LIMITATIONS AND MAIN EFFECTS ON DATA

Closed Circuit | Reynolds number and Mach number combinations
Atmospheric limited to values set by model chord. Since
the tunnel can run continuously, the amount

of data is limited only by the capabilities

of the data acquisition system.

r Closed Circuit | Reynolds number and Mach number combinations
Pressurized can be varied as a function of both model

I chord and tunnel pressure . Tunnel pres-

sures can be selected to match full-scale

conditions, while employing reduced-scale

models, within the pressure capability of

the system. '

Open Circuit Typically, in blowdown tunnels, the pres-
Tunnels - sure in the test section can be varied.
Blowdown Therefore, the Reynolds number and Mach

nunber capability is the same as for pres-
surized tunnels. However, the amount of

| data is limited by the relatively short

| duration of each run.

Water Tunnels Small chiords can be used to explore large
Reynolds number conditions, with the limita-
tion that the flow is incompressible and
locally subject to cavitation.

‘ TABLE I - TYPE OF WIND TUNNEL
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DESCRIPTION

Wall Porosity

LIMITATIONS AND MAIN EFFECTS ON DATA

To simulate, in a wind tunnel, the streamline pattern
occurring around an object in flight through free air,
the walls in the test section have to be porous to
allow some flow through them., If the model size 1s
negligible compared to the size of the test sectiom,
this precaution is not neccssary.

In two-dimensional testing, the sidewalls establishing
the two~dimensional character of the flow must be
solid (possibly with provisions to control the wall
boundary layer); but some porosity is necessary above
and below the airfoil te minimize wall influence on
the streamlines. Tirough its effect on the stream-
lines, wall porosity influences the effective angle-
of -attack of a wing or airfoil model, and it will in-
fluence the lift-curve slope, dC,/da, and the pitching
moment slope, dCp/da.

Typically, a solid floor and ceiling will cause a low
value in the lift-curve slope. With increasing poros-
ity, such value will increase to about the theoretical
value; to decrease again 1f the flow through the
boundaries is excessive. Note, however, that since
wind-tunnel wall corrections are available to account
for wall effects, it is not always necessary, though
desirable, to employ wall porosity.

Wall Boundary-
Layer Coatrol

Wall boundary-layer control (BLC) is often necessary to
minimize ceparation at the intersection between the
airfoil model and the walls of the test section. This
18 particularly important at high-1lift levels.

The main disadvantage in employing BLC is that it might
suppress some separation which is not due to wall in-
terference and thus cause misleading maximum lift and
stall patterns. Wall suction is probably better than
wall blowing from this staudpoint, but suction is
difficult to achieve and it 1s seldom used.

Turbulence
Level

[

The flow in the test section of every wind tunnel 1is
turbulent to some degree. Some runnels have a very low
turbulence level because of the use of turbulence re-
duction devices, such as honeycomb or screens ahead of
the test section inlet. Typically, turbulence levels
are obtained from drag measurements on a sphere. Turbu-
lence, as a velocity fluctuation refererced to the
freestream velocity, can be measured with hot wire or
hot film anemometers. Cont'd...

TABLE Il ~ TEST-SECTION CHARACTERISTICS
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DESCRIPTION

urbulence
Level (Cont'd)

LIMITATIONS AND MAIN EFFECTS ON DATA

YT T —

A very turbulent flow environment will cause premature
transition on a‘rfoils which have a potential for ex-
tensive laminar boundary layers, thus reducing the
characteristic low drag 'bucket' that such sections
dispiay over some lift range above and below design
1i1ft, and under some circumstances, a turbulent flow
environment might also affect the maximum 1lift capa-
bility of a section.

The combination of surface roughness on airfoil models
and turbulence level in the test section makes deter-
mination of minimum drag levels a very difficult task.

Velocity
Gradients

At some counditioms, an uneven velocity distribution
across the test section is possible even in the absence
of a model. Of course, such a condition is accentuated
by the presence of a model, particularly at high-lift
levels or at high subsonic Mach numbers. Some testing
techniques provide a flow environment in which sub-
stantial velocity gradients are always present. An
example of this i1s the transonic "bump" techmique.
Pre-existing velocity gradients can have a severe im-
pact on dacta, particularly when the dats involves
velocity surveys, as in the case of momentum loss
(drag) measurements.

Model Size vs
Test-Section
Size

In two~-dimensional testing, the presence of a floor and
ceiling prevents the normal curvature of the stream-
lines, and it cause$ an apparent increase in camber.
Although wall effects can be accounted for, it is de-
sirable to test airfoil models with a chord as small as
possible compared to tunnel height. In most tests, a
tunnel height-to~chord ratio, h/c, of at least 4, has
been commonly employed. Wall effects can be further
reduced by wall porosity.

TABLE II - TEST-SECTION CHARACTERISTICS (CONT'D)
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DESCRIPTION

Two-Dimensional
Models

LIMITATIONS AND MAIN EFFECTS ON DATA

« Low span-to-chord racio will result in excessive
sensitivity to sidewall separation effects.

+ High span-to-chord ratioc can limit the test range
because of model deflections.

« For good two-dimensional characteristics, the model

must be adequately sealed at the tunnel walls.

+ If the model is equipped with end-plates to mini-
mize detrimental effects, such plates must be:

a) Flush with the walls of the test section
b) Properly sealed to avoid leakage

c) Free to move (small excursions) along a plane
parallel to the walls of the test section when
an external balance systom is the source of
data '

d) Properly calibrated to determine force and
pitching moment tares.

Three-Dimensional
Models

For fixed-wing applications, models of actual wing
configurations are tested either in conjunction with
a complete aircraft model or as half-span wing models
mounted on the floor, or a sidewall, of the test sec-
tion. For helicopter applications, wings of rec-
tangular planform have been tested, although such
dita is hard to relate to two-dimensional character-
istics and tests of this nature have value mostly on
a comparative basis,

End Plates

End plates will cause problems if they

1) Leak around their perimeter

2) Cause wall boundary-layer separation

3) Cause balance interference.

When both airfoil model and end-plates are mounted on

a balance, an end-plate contribution to the drag and
the pitching moment must be accounted for.

End Seals

Wings and airfoil models cannot be firmly attached to

the walls of the test section for a number of reasons,
including the fact that some means has to be available
to change the angle of incidence. Cont'd...

TABLE III - MODEL CONFIGURATION

[
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DESCRIPTION

End Seals (Cont'd)

LIMITATIONS AND MAIN EFFECTS ON DATA

Air leakage in the proximity of tunnel sidewalls can
occur in many places, often with significant impact
on the overall flow environment. Whenever leakage
can be foreseen, some method of restricting it has
to be provided without interfering with the mechan-
ical functions of the model and instrumentation.

It is impossible to generalize on ihe sources of
possible air leaks. The following areas have shown
the greatest potential for problems:

* Edge of end-plates, resulting in flow through
the sidewalls

* Model mounting assembly, resulting in flow through
the sidewalls

* Edges of airfoil model ~ flow from pressure tc
suctlon side of airfoil.

The effect of leakage can be determined from force
and moment measurements and flow visualization
techniques. Only flow visualization, however, will
help in isolating the trouble areas,

Surface Roughness
and Stimulared
Boundary-Layer
Transition

During the 1940's, NACA established a criterion for
"standard" roughness. In accordance with that cri-
terion, a level of roughness was applied systemat-
ically to many airfoils tested during that period.
The staadard leading-edge roughness selected by
NACA fo: 24-inch models consisted of 0,01l-inch
carboruadum grains applied to the surface of the
model at the leading edge over a surface length of
0.08¢c, nmeasured from the leading edge on both sur-

faces. The grains were thinly applied to cover 5 to
10 percent of the area.

Such roughness is representative only of wing sur-
faces under the most extreme conditions. At stan-
dard opurating conditions, the resulting conditions
would be considerably less severe. ''Standard"
roughness is seldom used today.

Current practice calls for thz appllcation of narrow
"trip" utrips over wing and airfoil surfaces. This
is done to verify the sensitivity of the drag to
various extents of laminar flow, and to stimulate
larger '"effective" Reynolds numbers by precipitating
earlier transition. When employing this technique,
care should be exercised to apply only the minimum
Cont'd...

TABLE III - MODEL CONFIGURATION (CONT'D)
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Surface Roughness
and Stimulated
Boundary-Layer
Transition
(Cont'd)

DESCRIPTION LIMITATIONS AND MAIN EFFECTS ON DATA

grit size necessary to stimulate boundary-layer
transition. Excessive grit size would cause an
increase in drag beyord the amount due to a reduc-
tion in the extent of laminar boundary layer.

TABLE III - MODEL CONFIGURATION (CONT'D)
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DESCRIPTION

Force and Moment
Measurements by
Balance

LIMITATIONS AND MAIN EFFECTS ON DATA

Body axis measurements have te be resolved along the
wind axis. This can resuli in large errors in drag

Wall interference will cause drag increments and
penalties in maximum lift which are proporticnal to
the amount of wall-induced separationm.

Accurate balance tares and interactions are
necessary.

Pressure Measure-~
ments and Integra-
tion of Pressures

Fressure orifices have to be located at sufficient
distance from the tunnel walls to avoid the effects
of wall boundary-layer or wall-induced separation.

Differentici pressures; i.e., the measurement of
the pressure difference between top and bottom sur-
face at the same chordwise position, will allow the
determination of normal forces and pitching moments
only. Since the determination of absolute pres-
sures would require twice as many pressure measure-
ments as differential pressures, absclute pressure
data is required only when differential data would
not provide meaningful informationm.

Insufficient instrumentation near the trailing edge
of an airfoil will result in erronecus pitching
moments.,

The determination of detailed load distributioms

at transonic flow conditions requires a large number
of pressure orifices distributed along the entire
chord. This is necessary to determine the chordwise
location of the recompression boundary, since that
boundary shifts considerably as a function of inci-
dence and Mach number.

When time-vary ng preasure measurements are made,
the resonant frequency as well as the time-lag
effects introduced by the ducts have to be taken
into account. When it is anticipated that these
effacts would be significant, the data muat be
acquired by means of pressure transduzers located
very close to each pressure port.

Wake Momentum
Loas Measurements

The most accurate method for the determination of
drag involves the measurement of the momentum loss
in the wake of a wing or airfeil,

Three methods are commonly used:

1) Wake traversing probes

Cont'd...

TABLE IV. MEASUREMENT SYSTEM
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DESCRIPTION

Wake Momentum
Loss Measurements
(Cont'd)

LIMITATIONS AND MAIN EFFECTS ON DATA

2) Wake rakes
3) Direct integration wake probas.

Wake traversing probes consist of a total pressure
probe and a static pressure probe supported by a
mechanism which moves them through the wake of an
object. Records arc made of probe position and
pressure values. The area traversed in a momentum
survey must include positions above and below the
airfoil for which the momentum loss is no longer
measureable.

A wake rake performs the same function as a tra-
versing wake yrobe, but instead of moving acrous
the wake, it is fixed in space and samples the
entire momentum loss region with a large number of
individual pressure probes. While wake rakes allow
rapid acquisition of data, the resolution capa-
bility of a rake can be eaverely impaired at low
drag lavels by the size of the momentum loss region
compared to the distance between pressure measure-
ment locations.

Direct integration probes determine, with one
measurement, the total momentum loss in the wake.
Typically, direct integration techniques are used
on wake rakes modified to channel the ducts from
each individual tube to a common plenum chamber.
The pressure in *he plenum is then ueasured and
referenced to the freestream total pressure.

‘The usefulness o momentum loss measurements 1s

limited to conditions resulting in relatively small
momentum loss regions., Stall or f£low conditions
causing extensive shock. syastems will create wakes
which cannot be easily surveyed.

TABLE IV. MEASUREMENT SYSTEM (CONI'D)




This data sheet summarizes the sectional characteristics most
often used in comparing helicopter rotor airfoils.
in the following table is for the airfoils presented in data

1.2.40 TABULATION OF KEY THEORETICAL A.D
EXPERIMENTAL CHARACTERISTICS

sheets 1.3.10 through 1.3,43.

The information for each airfoil includes:

1.

Maximum lift coefficient values at Mach numbers
of interest in assessing the potential for de-
laying retreating blade stall (0.3 < M £ 0.65).

Zero lift drag divergence Mach number as a
measure of advancing blade performance.

Drag coefficient at M = 0.6 and Cy = 0.6 as
a measure of hover performance potential.

Zero lift angle-of-attack and pitching moment
coefficient at low speeds (M < 0.4).

Reynolds number levels. For reference, the
table shows the test Reynolds number at ¥ = 0.4,

Geometric characteristics: thickness, camber,
and leading-edge radius.

Trailing-edge configuration, when different
from the standard NACA configuration (e.g.,
trailing-edge tab).

The data
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MAXIMUM

T.E. TAB MODEL
AIRFOIL DATA SHEET | L.E.R, CAMBER CHORD
! NUMBER x/c /e v/c Srab fvan (in)
c (dag)
[ come

NACA 0006 1.3.10 0.06 0.004 —_ —_ _ _ 7.0
NACA 0012 1.3.20 0.12 0.0158 —_ —_ —_ —_ 10.0
NACA 0012
Raverse flow 1.3.30 0.12 0.01%8 — o~ — — 6.0
data
NACA 0012

with 1.3.40 0.117 | 0.0154 - _ 0.04 0.0 16.4
0® T.E. Tab
NACA 0012

with 1.3.50 0.117 | 0.0154 —_— —_— 0.04 -3.0 16.4
-3* T.E. Tab
NACA 0015 1.3.60 0.15 0.0248 — — — — 6.0
NACA 22012 1.3.70 0.12 0.0158 0.15 lo.01838 —_— — 5.0
NACA 23012
with .043¢ 1.3.80 0.12 | 0.0158 0.15 [0.01838] 0.043 0.0 5.0
T.E. Tab
NACA 23012
with .087¢ 1.3.90 0.12 0.0158 0.15 |0.018238 0.087 0.0 5.0
T.E. Tab
NACA 23015 1.3.100 0.18 0.0248 0.15 |0.0158238 — — 6.0
NACA 63A009 1.3.110 0.09 0.00607 — —_ — == 8.0
NACA 63A012 1.3.120 0.12 | 0.0107% — — — —_— 8.0
NACA 63A012
Ravarse flow 1.3.120 0.12 0.0107 s —~— —_— — 8.0
data J

T —— -
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)
X
»»4
|

at LOW SBPEED
"HM( 1k. Caq at (M<0.4) Raxl0™#
z M=0.6 at REMARKS REF.
M=0, 2 H=0. 4 M=0.5% LIFT Cym0.6 Cmg o, (deg) M=0 .4
1.0137 1.017 0.87% 0.015 0.0 0.0 5.2 7
R Text " with
1.144 1.0080 0.967 0.765 0.0122 0.0 0.0 2.2 leading edge 2
roughness
1.8 Tested for
-— — —_— — — 0.0 0.0 angles of 16
at low attack from 0°
speed to 180°
insufg. H~34
1.27 1.4 1.0 | a,ca 0.0077 0.0 0.0 2.6 main rotor 3
airfoil
H=-34
1.20% 1.08 0.96 no drag data 0.015 0.9 2.6 maip rotor 3
airfoil
1.07 0.99 0.92 0.74 0.0132 0.0 0.0 1.3 20
— 1.38 1.22 0.798% ¢.029 -0.010 -1.2 2.5 12
—_ 1.42 1.28 0.78 0.029 -0.0075 -1.0 2.5 12
— 1.42 l.28 0.78 0.029 ~0.008 =0.8% 2.5 12
l.24 1.30 1.08 0.72 0.0138 | -0.02 ~-1.2 1.3 20
— 0.87 0.7 0,805 0.0137 0.0 0.0 4.0 17
0.98 0.85 0.78 0.770 0.01] 0.0 0.0 4.0 17
Tantad fcor
— — _ —_— _— 0.0 0.0 3e5 angles of 17
at M= 0,3| attack fxom 0°*
to 180°¢
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MAY T3 T.E. TAB
| DATA SHEET L.L.R. CAMBER N ORD
AIRFOIL NUMBER t/c x/c Ceab Tean (4n)
x/ y/e - (dag)
NACA 63A015 1.3.140 0.15 | 0.0163 — _— — 8.0
NACA 63A018 1,3.150 0.18 0.0228 —_— — —_ 8.0
NACA 64A(4.5)08 1.3.160 0.08 0.00456 0.5 0.02993 -— —_— 6.38
NACA 64A608 1.3.170 0.08 0.(0456 0.5 1]0.03991 —_ —_— 6.38
NACA 64A312 1.3.1¢€0 0.12 0.01044 0.5 |0.01995 — — 6.38
NACA 64A(4.5)12| 1.3.190 0.12 0.01044 0.5 0.02993 -— — 6.38
NACA 64A612 1 200 0.12 0.01044 0.5 [0.03991 -— — 6.38
NACA 64A516 1.3.210 0.16 0.01807 0.5 ]0.0332¢6 — — 6.38
NACA 8-H-012 1.3.220 0.117 | 0.01325 — —_— 24.0
V13006-0.7 1.3.230 0.06 0.007 —— — 7.0
V(1.9) 3009 1.3.240 0.09 | 0.0125 —_ — 6.0
~1.25
v23010-1.58 1.3.250 0.102 | 0.0158 | 0.6 [0.0175]| 0.04 0.0 6.38
0* T.E. Tab
v23010-1.58 1.3.260 0.102 0.0158 0.16 |0.0175 0.04 ~3.0 6.34
3° T.E. Tab
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Cemax 2t Mpp @ | cq at MM Rex10™6
2ERO M=0.6 at REMARKS REF.
M=0.3 | Mm=0.4 | M=0.5 | LIFT | Cy=0.6 Cmg | %0 (deg) | M=0.4
1.22 1.01 0.9 0.74 0.011 0.0 0.0 4.0 17
APPIoX.
1.11 1.0 0.87 0.725 0.015 0.0 0.0 4.0 17
- 1.23 1.15 0.752 0.007 ! -0.095 | ~-3.2 7.5 1 o1s
- 1.40 1.37 0.755 0.00€ -0.13 -4.6 7.8 18
- 1.29 1.21 0.758 | 0.0074 | -0.065 | -2.4 7.5 18
- 1.43 1.38 0.735 | 0.0065 | -0.095 | ~3.35 7.5 18
—_ 1.45 1.5 0 69 0.008 | =0.125 | =4.5 7.5 18
- 1.47 1.4 0.685 | 0.00R9 | -0.102 | ~3.9 7.5 18
(Sor’ 2.6
Hon - - — — 0.005 -1.6 at 1ow 15
No.) spesd
1.13 1.04 1.03 0.865 | 6.0075 [ -0.012 { 0.0 5.3 non-standard 7
(0.98) (0.1-,7) (0.97) rererence line 8
1.315 1,225 1.12 0.815 ! 0.0084 | ~0.012 0.2 5.3 non-standard 7
(eBt.) (est.) reference line
). 66 1.46 1.22 | 0.794 [ 0.0108 | ~0.009 | 0.2% 7.1 non-stendard 9
reference line 10
1.62 1.42 1.18 0.798 | 0.011 0.006 0.9 7.1 non~-standard 9
’ (est.) | (est.) reference line | 19
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MAXIMUM T.E. TAB MODEL
ALRFOIL DATA SHEET t/c L.E.R. CAMBER CHORD
NUMBER r/c Ctab Stab (in
x/¢ y/c = (o) ) A%
v23010-1.58
Reverse flow 1.3.270 0.102 0.0158 0.16 0.0175 0.04 0.0 6.38
data
v23010-1.58 '
Reverse flow 1.3.280 0.102 0.0158 0.16 0.0175 0.04 ~3.0 6.38
data
v23010~-1.58
Reverse flow 1.3.290 0.102 0.0158 0.16 |0.0175 0.94 3.0 6.38
data
V43012-1.58 1.3.300 0.12 0.0158 0.16 0.035 0.1 0.0 7.018
0.1
v43012~1.58 1.3.310 0.15 0.0158 0.16 0.035 (C.0% -6.0 7.018
deflec~-
ted)
SA 13109-1.58 1.3.320 0.118 0.0158 — -— 8.27
NPL 9615 1.3.330 0.113 0.01883 —_— — 10.0
NPL 9626 1.3.340 — _— 10.0
¢
NPL 9627 1.3.350 Ll — 10.0
NPL 9660 1.3.360 0.113 0.0198 U,035 0.0 10.0
VR-7 1.3.380 0.12 0.0113 0.3 0.03138 0.05 0.0 6.38
n® T.E. Tab
VR~-7 1.3.390 0.12 0.0113 0.3 0.02138 0.0% -3.1 6.38
3* T.E. Tab
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c 10W SPEED -
ZERO Mn0.6 at FEMARKS REF,
#M-o .3 M=0,4 M=0.5 LIFT Cy»0.6 Cmg ag(deg) | MmO,
approx.
0.82 0.90 —_— — J— — 181 5.0 non-standard 11
-0.76 -0.75 reference line
0.80 0.86 -_— — —_ —_ .Ff:fx‘ 5.0 non-standard 11
-0.71 -0.72 raference line
approx.
0.80 0.88 R — —_— —_— 5.0 non-standard 11
-0.80 -0.80 18l reference line
T.E. Tab extends
1.89 1.665 1.21 0.65 —_— 0.001 -1.8 8.0 beyond basic 10
choxrd. Nondim.
by total choxd
0.65 T.E. Tab exten.
1.81 1.55 1.145 . 6.022 | ~0.05 8.0 Loads nondim'd 10
(estim.) by total chord
1.2 1.08 0.96 0.825 | 0.0102 ‘1’:‘:"' -0.7 2.2 22
- non-standard
1.23 1.17 1.10 0.788 0.0116 0.009 0.3 2.2 reference line 2
insuff,
1.2 1.1 0.97 0.0115 -0.007 0.1 2.2 non-standard
data reference line 19
1.24 1.16 1.03 insuff. £.011 0.011 0.1 2.2 non-standard 19
' ’ ’ data ’ ’ ) ’ reference line
non-standard
1.3 1.18 1.15 0.792 | 0.0114 | ~0.006 0.1 2.2 reference line | ,,
Used on *he
Lynx Hellicopter
APPTOX. | APPXOX. 4.012 | 0.2 tandard 21
1.28 1.26 1.14 =0. . 20 non-standar
0.79 0.011 reference line
1.63 1.50Q 1.65 0,742 0.0081 -0.025 ~1.9 7.3 10
r
1.57 1.46 1.57 0.75% 0.0084 ~0.007 -1.1 7.3 10
L_ jest.) (est.)




1-2140‘8

MAXIMUM
T.E. TAB MODEL
ALRFOLL DATA SHEET t/c L.!/I.R. CAMBER CHORD
NUMBER r/e x/c /e Ctab Sean (in)
e (deg)
VR=7 1,3.400 0.12 0.0113 0.3 ]0.03138 0.05 ~5.9 6.38
6°* T.E. Tab
VR-8 1.3.410 .08 0.00585 0.3 0.0125 0.0% 0.0 6.38
0° T.E. Tab
VR-7.1 1.3.420 0.12 0.0113 0.3 ]0.03138 0.085 -1.0 6.38
=69 =H= — not
FX~-69~-H~-098 1.3.430 0.098 0.0062 —_— available
y
)
|
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Copax OF

LOW SPEED

MDD ] Ca at s
ZERO | M=0U.6 (Me0.4) Rex10 REF.
M=0, 3 M=0, 4 M= 0.5 LIFT Cy=0.6 Cmg ag(deg)| mM=0.4
1.53 1.41 1.51 0.757 0,009 0,009 -0.5 7.3 10
(est.) (est.)
1.06 1.04 1.235 0.811 0.007 -0.011 -0.8 7.3 10
1.63 1.8 1.53 — — -0.020 -1.7 7.3 10
4.0
1.4 — 1.33 0.79 0.0064 -0.01 -0.8 to 14
5.0
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1.2.50 COMPRESSIBILITY EFFECTS ON AIRFOIL CHARACTERISTICS

As freestream velocity increases, the local velocities around
an airfoil section increase until sonic velocity is reached at
some point on the profile. With further increases in freestream
velocity, local regions of supersonic flow are established along
portions of an airfoil surface. The recompression occurring
downstream of such supersonic regions gives rise to the formation
of shock waves which continue to grow in size and intensity as
the speed of the flow increases. The major effect cf recompres-
sion waves, besides establishing the transition from supersonic
back to subsonic flow, is the disruption of the boundary layer.
Initially, this results in slight increases in the profile drag
of the airfoil as the flow begins to separate; but ultimately,
this leads to large increases in profile drag and loss of lift
as the boundary layer flow completely separates from the airfoil.
Clearly, it is very important to understand the effect of com-
pressibility on airfoil characteristics in order to estimate the
airfoil performance limits associated with Mach number, and to
apply whatever compressibility corrections are possible to extend
the value of available data. In this section, the most important
flow corrections are listed and explained, Mach number limits are
discussed, and a brief illustration of typical compressibility
effects on lift, drag, pitching moment, aerodynamic center, and
center-of-pressure is provided.

In order to estimate the effects of compressibility on the
flow around airfoils, various corrections have been derived.
They are:

(1) The Prandtl-Glauert Rule

(2) The Karman-Tsien Rule

(3) The Kaplan Rule

(4) Laitone's Modification to the P-G Rule.

A\ brief summary of these corrections and their ranges of
applicability is given in Table I, Data Sheet 1.2.50.1. It is
important tu realize that all of these corrections were developed
on the assumption of linearized flow with small perturbation
velocities. Thus, strictly speaking, they are most valid for
situations involving thin airfoils operating at low lift cc2ffi-
cients. It should also be noted that the various rules are
applicable over different ranges of Mach number. For example,
the Prandtl-Glauert Rule is good for low freestream Mach numbers,
but it decreases in accuracy at the higher Mach numbers, while
the Karman Tsien Rule can be applied with very good results to
higher Mach numbers. In fact, it is still possible to utilize
the Karman-Tsien Rule with fairly good results if the local flow
exceeds the speed of sound without the formation of a strong shock




1.2.50-2

ware. DBesides their obvious application in making compressibility
corrections to incompressible flow data, these rules can also be
applied tn the approximate determination of various Mach number

related airfoil limits. These limits are discussed in Section
1.2.50.1.

Subsonic flow tables (sheet 1.2.50-3) are presented to assist
in the determination of lozal flow conditions when the speed of
the flow and the fluid stagnation conditions are known. Note
that these tabulated functiors can be used only to compensate for
compressible flow conditions, and cannot be used directly with
airfoil pressure and force coefficients. Alsc note that the
range of validity of the subsonic flow tables encompasses only
isentropic flow at velocities up to ¥ = 1,

Finally, Sections 1.2.50.4 - .8 illustrate typical compressi-
bility effects on airfoil liit, drag, pitching moment, aerodynamic
center, and center-of-pressure.

e b




1.2.50.1 COMPRESSIBILITY CORRECTIONS
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Prandtl-Glauert Correction

The Prandtl-Glauert correction is expreseed as:
2
Cpaomp = Cpinc//vz - My

cPcomp = the pressure coefficient at a given point for
compressible flow past a profile

where

Cpine = the pressure coefficient 2t the same point for
incompressible flow pact the same profile

l M, = freestream Mach number.

The Prandtl-Glauert correction is derived for the case of
small perturbation velocities and low freestream Mach numbers.
These assumptions limit the applicability of the rule to thin air-
foil sections with small amounts of camber at low Cjy and Mach
numbers. The further assumption that these perturbation veloc-
ities are applied uniformly over the entire profile allows
application of this rule to force and moment coefficierts;
namely, Cq/da, Cy, and Cp. For example,

.
Choomp = Clinc//vl Moo

at constant angle-of-attack.
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Prandtl-Glauert Correction (Laitone's Modification)

The Prandtl-Glauert rule, as originally derived, is based
on the assumption that the linearized flow equations (and the
small perturbation velocity) can be applied uniformly to the
entire field of flow of the profile. Laitone's modification
to the Prandtl-Glauert rule consists of assuming that the com-
pressibility correction to the incompre sible pressure coeffi-
cient at a given point on a profile can be performed wusing the

] . local Mach number at that point rather than the freestream
: Mach number; i.e.,

Coounp * Cpine VT WD

where M; is the local Mach number.

Combining the pressure coefficient and isentropic
relations,

. /ey
(Py/P_) - 1 Py, [1 + [T - 1)/2]1«}] /(v-1)

PT Ty T Pe |1+ [(v - 21/2 M}

2 Solving for Mzz and substitating the solution with the equations

' for CPcomp results in

. ) “Pineg
Peomp 'ﬂrﬁTTT? . M2{1 +[(Y - 1)/2]M}}C . '
. q":"ﬁ:r Pine

e where

Y = the ratio of specific heats (¥ = 1.4 for air).

Since this correction is based on local flow conditions,
: the effect on Cp, is different at each point on tho profile,
| Thus, this correction cannot be applied to fcrces and mouents
directly. However, if the complete incompressiblie pressure
distribution for an airfoil is known, this correc%ion can be
applied to obtain the compressible pressure discribution, which
may then be integrated to give the total lift force and moment.

v

Y
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Kaplan's Rule

The Prandtl-Glauert rule was derived for the case ~f a
very thin profile (in fact, a profile of zero thickness). 1In
an attempt to account for the effects of compressibility on
the lift of airfoil profiles of finite thickness, Kaplan
derived a relationship baseu on his study of the compressible
flow past elliptic cylinders at various angles of attack.

The equation is as follows:

aom t/e 2 _ 2
—Cmf'r W+t 70 (ga)[u(u-l.o) + H(Y+1.0)(u*-1.0)

where
t/c = section thickness/chord ratic

Y = ratio of specific heats (v = 1.4 for air).
u.ZQO/'Z’Mmzo

Note that for the case of zero thickness/chord ratio, the
above equation reduces to the Prandtl-Glauert cule.

Fig 2 illustrates the comparison between lift coefficients
calculated using this relation and the Prandtl-Glauert rule.
These curves are in fairl:' good agreement with experimental
results for airfoil profiles having the same thickness/chord
ratios as the elliptical profiles.

The Kaplan rule can be used to estimate compressibility
corrections for the same coefficients as the Prandtl-
Glauert rule; namely, Cp, dCy/da, Cp, and Cpm.
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Karman-Tsien Rule

The relationship for the Karman-Tsien rule is expressed as:

CPinc

C -
Peomp Vi-wis Mgl Cpinc
® 1 +41 - M 2

As in the case of the Prandtl-Glauert rule, the Karman-
Tsien rule derivation is based on the assumption of small per-
turbation velocities and, therefore, can be expected to be
reascnably accurate only for thin profiles at small angles of
attack. Unlike the Prandtl-Glauert rule, however, the Karman-
Tsien rule is related to local velocity perturbations. This
results in better accuracy than the Prandtl-Glauert rule (see

Fig 1), but also limits the direct application of the rule to
pressure coefficients.

However, if the complete incompressible pressure distribu-
tion for a profile is known, the Karman-Tsien rule can be applied
to obtain the compressible pressure distribution which may then
be integrated to give the total lift force and moment.

~1.3

& RXPRALRNT
— EANMAN-TSIER
= = = = PRANIDTL ~GLAVERD

AIRYOIL RACA 4412
¥4 ¥ CHORD
*3°* INCIDENCE

Figure 1, Compariteon of Karman-Taien
rule with experiment
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1.2.50.2 LOCAL MACH NUMBER LIMITS

The freestream Mach number (M,) at which the local velocity
becomes sonic (Mg = 1) at some point on the airfoil profile is
known as the lower critical Mach numter. As freestream Mach
number continues to increase, shock waves appear and grow
stronger, causing an increase in profile drag and ultimately,

a shock-induced separation of the boundary layer. This results
in a sudden increase in profile drag and a sudden loss of lift.
The Mach numbers at which these latter effects occur are known
as the drag divergence cnd lift divergence Mach rumbers, and
are defined as the values of My where dC;/dMe = 0.1, and
dCy/dMe = 0, and d2Cy/dM,? < 0, respectively. Generally, drag
divergence Mach numker cccurs before lift divergence Mach
number, and both can occur at considerably higher values of
Mach number than the lower critical Mach number. Fig 1 is a
typical plot of these Mach number limits as a function of Cg.

0.9 | Y L ™
Me . </rLIFT DIVERGENCE
0.8 ARk DRAG DIVERGENCE
/ / h’.‘ —l - B
0.7 454 A e
¢ 7 / - N
HRS
0.6
' \=—CRITICAL
0.5 / .| _MACH NUMBER
N\
0.4
-04 o l4 .8

Cyq

Figure 1, Force-divergence Mach numbers for NACA 66-210
profile

As noted previously, the value of the lower critical Mach
number can be considerably below that of either the lift or
drag divergence Mach numbers. However, it is useful as an in-
dicator of the lower bounds of major compressibility effects
on lift and drag. Thus, it is of interest to note that the
lower critical Mach numbe:r can ke approximately estimated by
use of a simple analytical technique.

The isentropic relation between Mach number and pressure
ratio is:

2 1+ 0y - 1)/2]1M. 2 Y/(y-1)
C,, = X -~ 1
P moyme? |\ 1 +1[(Y - 1)/2]1M2




l1.2.50.2 -2

where M is the local Mach number at the crest line and it is
assumed to be M = 1,

By the iterative process of assuming successive values of
Mo, @ value of the pressure coefficient can be obtained which
equals the value of Cp known,through experiment, to exist at
the crest line. The 5, &t which this occurs corresponds to
the lower critical Mach number. This type of approximation
has been used widely in the past, and a plot of critical Mach
number Cp is shown in Figure 2.

it aibbeade t e sl Mfa L



1.2.50.2-3

e ——— - —— s - —

ol f ajqiseadadwoour agof jua101ffa0o aangsaad
2a:3pb2u WNWITDL A JIQUNU YODK ]DO1I1AP J2(107

-upwapy 03 Buipuaooon

d5_ INTID144300 FWOSSTUL

J33ds MOl

g-zeyzoZotTeT 8- ¥

0

0° [=1¥O0Ty

N.
(@]
e 8
3
-4
v 9
t
- &
0
be o
9°
(o4
L B
»
8-
&
b
6
0°1

T T IN YW T V. X Y.

Jo aauano Buipuodeaauoos (q) puvp ‘aini uaisy
“W y11 dy fo uoirivravg (v) -z suanbiry
“H ‘HIAGWNN HOVW WYRILS dJaWI
0°t 6 8- L 97 S° ¥ t° T 1" 0O
*0
N NI AL
AN 0 WD R W B
x B
Akl b s = A R i S*
) %VM. ) /l
I.Q. y
[ DO 3
«
F n 0o°t
nn A :
AR i
/1% —H.. 2
P X S°Tm
< 8 g
[ /e i
N .».\/1\ \Ml =
A
IS &\ T 12 2
{11 i 5
i d )
\\ ST
- "t
W o
EES\\ .

o




1.2.50.2-4

rir



1.2.50.3 SUBSONIC FLOW TABLES

Table I lists the equations relating local
and stagnation values of pressure, tempera-
ture, and density for the isenvropic flow

of a perfect gas. Table II lists values of
these parameters as a function of Mach number.
Given the reference stagnation conditions

(V = 0) of a gas, this table is utilized for

determining local flow conditions at a given
Mach number.
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l.2 .4 COMPRESSIBILITY EFFFCT3 ON THE LIFT COEFFICIENT

Three flow conditions are possible over an airfoil as a funr:.
tion of the viscous effects present at a particular 1lift and
Mach number level. Such conditions are:

(1) Fully attached flow (at least, to the extent that
regions of separated flow are negligible).

(2) Flow separation over significant portions of the
airfoil surface, induced by velocity gradients

and not primarily connected with compreeeibility
effects.

(3) Shock-induced separation due to recompression
downstream of significant supersonic regions.

The effect of compressibility on the maximum lift boundary
of an airfoil is of primary interesi in *he selection of air-
foils for helicopter rotor applications. The maximum lift co-
efficients at ¥ = 0.4 and ¥ = 0.5 are particularly significant,
as they have been correlated with the orcurrence of retreating
blade stall on rotors in forward flight. The prediction of the
maximum lift at these Mach numbers presents unusual difficulties

because of the possibility of favorable shock-boundary layer
interaction effects,

To illustrate tie variety of maximum 1lift boundaries encountered
in helicopter rotcr airfoils, a number of such boundaries for
several airfoil sections is presented in Figure 1. It is
evident from inspection of the trends that the airfoils can be
divided into two groups:

(1) Airfoils which do not benefit from any favorable
shock/boundary layer i ieraction. Sections such
as the V0012 (NACA 0012), Vv43012-1.58, and V23010~
1.58 have maximum lift boundaries which degenerate
with increasing Mach number without any leveling
off or secondary peaks in the maximum 1lift trend.

(2) Airfoils displaying an increase in maximum 1ift
capability at higher Mach numbers, after having
shown a normal trend in maximum 1lift reduction
at low Mach numbers. The VR-1, VR-7, and VR-8
in Figure 1 display such secondary peaks. It
should be noted that the VR-1 is a "peaky" tran-
sonic section, while the VR-7 and VR-8 are "roof-
top" airfoils. All of these sections deviate
from the NACA four- and five-digit geometries of
the sections in the first group above.




RS N

1.2.

50.4-2

2.0 T T T

l

r

REYNOLDS NUMBER BASED ON A 25-IN. CIORD

-
.
o

N S SRR
T"H—‘—"—_‘-_‘.- —

1.4

1.2

1.0

MAXIMUM LIFT COEFFICIENT, ClHAX

0 '.2 .3 .4 .5
» MACH NUMBER, M.

Figure 1. An Example of Compressibility Effects on

Mazimum L7 ft Boundaries

Typteal




v e s A —t—— e %= - e

1.2.50.5 COMPRESSIBILITY EFFECTS ON DRAG

Airfoils employed on helicopter rotors have to operate over
a range of Mach numbers and lift levels which encompasses almost
the entire spectrum of subsonic flow conditions, Under such
circumstances, the selection of airfoil sections is not as
straightforwai1, relatively speaking, as it is for fixed-wing
aircraft. A ditailed performi nce evaluation of the benefits
derived by replacing one rotor section with another must be
based on a complete set of airfoil data.

The effects of compressibility on drag are hard tr summarize
in a manner that would meaningfully assist the DATCOM user.
However, the drag at some tvpical flow conditions has often
been used for preliminary performance evaluation. Such "typical"
conditions are representative of hover and forward-flight re-
quirements.

For hover, the key drag requirement is at Mach numbers
0.6 £ M 2 0.6, at 1lift levels of approximately Cg = 0.6. Drag
values for (g = 0.6 and ¥ = 0.6 are tabulated in Section 1.2,40.

In forward flight, two sources of high profile drag are
possible. The first is associated with retreating blade stall
and, as such, is primarily a function of maximum lift capability.
The second source of drag is the tip of the blade as it flies
through the region of supercritical flow on the advancing side.
The best airfoil for this situation would be the one having the
most productive supercritical performance at very low lift
levels —a thin symmetrica. section. Thin symmetrical sections,
however, cause premature retrcating blade stall because of
their low maximum lift capability. If thicker and cambered
sections are used, a penalty in advancing blade drag must be
paid. Figure 1 illustrates how 1lift capability and advancing
blade drag can be approximately evaluated. The Mach number, at
which Cdy, = 0.018, can be used as a measure of the growth in
drag after drag divergence. The airfoil with the slowest rate
of growth in drag; i.e., the highest Mach number for (4, = 0.018,
and the highest maximum 1lift capability would be the best choice
for a high performance rotor blade.
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1.2,50.6 COMPRESSIBILITY FFFECTS ON PITCHING MCrENTS

The flow about an airfoil operating beyond the critical Mach
number boundary is characterized by a supersonic region over

-t some portion of the airfoil surface. The extent of this super-
t sonic region depends on how far the airfoil is operating from
ij: the critical Mach number. Downstream of the supersonic flow

region, a shock wave system marks the deceleration of the flow

s to subsonic conditions. The velocity distributions over air-

v foils in supercritical flow are characterized by the rapid

_ changes in local velccity occurxing across the shock-wave ]
g# boundary; and such distributions differ very significantly from
| their subcritical counterparts. The gualitative changes in

4 velocity and therefore, p.essure distributions, are illustrated

in Figure 1.
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- M=0.19 ~*SCT T
-0.8 -0.8}H a J
: cp 0 ' - = == = =] Cp 0‘] ek D - el
i
| 0.8
‘ 0.8
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- Miocal = 1.0
- Figure 1. Compressibility Effecte on the Pressure

Distributions Over the NACA 4412 Profile at
a = 1,87°
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Note that as the Mach number is increased, the recompression
boundary moves toward the trailing edge. This shifts the center-
of pressure aft, thus increasing pitching imoments.

The growth in pitching moments with increasing Mach number
beyond the critical Mach number is often referred to as "Mach
tuck" from the nose-down, "tucking" under, motion induced on
airplane wings at high speeds. Two-dimen icnal pitching moments

at the zero lift level for a number of sections are illustrated
in Figure 2.
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1.2.50.7 COMPRESSIBILITY EFFECTS ON THE LOCATION
OF THE AERODYNAMIC CENTER

As defined in Section 1.1.30.1, the aerodynamic center
is the point about which the section pitching moment is
independent of 1lift, or angle-of-attack. By potential flow
theory, this point should always occur one-quarter-chord aft
of the leading edge. However, due to viscosity and compressi-
bility effects, the aerodynamic center seldom occurs at the
quarter-chord.

Figure 1 shows the variation in aerodynamic center with
Mach number for several airfoil sections. The excursion of
the aerodynamic center from the quarter-chord toward the mid-
chord above the critical Mach number is due to the change in
pressure distributions over an airfoil in the presence of
local supersonic flow, as discussed in Section 1.2.50.6.

Generally, values of the aerodynamic center for a section,
as quoted in the literature, are for low speeds only.




o . e e e o a—

1.2.50.7-2

.36

.34 v NACA 64A(4.5)12

.32

.30

.24

.22

CHORDWISE LOCATION OF AERODYNAMIC CENTER, xa.c./c
> o
F""‘-—-—-—.___

o V23010-1.58 (0° T.E. TAB) | §
o VR-7 (0° T.E. TAB)
7-Y VR-B (°° T.E. TAB)

© V13006-0.7

—

g V43012-1.58 (0° T.E. TAB)

.20 -
l2 ‘3 .4 .5 ‘6 l7 .8
FREE STREAM MACH NUMBER, M,
Figure 1. Effect of Compreseibility on the Location of the

Aerodynamic Center




wh .

1.2.50.8 COMPRESSIBILITY EFFECTS ON
THE CENTER-OF-PRESSURE

The effect of compressibility on the center-of-pressure
location of a typical airfoil (VR-7) with a trailing edge tab
deflected 3° above the reference line is shown in Figure 1.

The center-of-pressure, like the aerodynamic center, moves

aft when the Mach number is increased beyond the critical
value.

The effect of trailing edge tab deflection is discussed in
Section 1.2.90.
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1.2.00 REYNOLDS NUMBER EFFECTS ON AIRFOIL CHARACTERISTICS

A reduction in chord and therefore, in Reynolds number, is
generally associated with undesirable changes in section
characteristics. The phenomena associated with substantial re-
ductions in choru are particularly significant in conjunction
with model rotor tests. There is practically no data corre-
sponding to model-scale rotor airfoil sections at Reynolds and
Mach numbers; however, some approximate values can be obtained

by correcting the full scale data with the methods described in
the numerical examples (1.4.10).

The majority of the data shown in the figures in this sec-
tion was obtained in NACA wind-tunnel tests and published in
NACA reports. However, the figures have been taken from Refer-
ence 1, except for Figure 5, from Reference 2.

Figures 1 and 2 jllustrate the various types of stall possible
and the Reynolds number regimes over which different stall
patterns are likely to occur. The correlation of Figure 1 is
not valid for NACA 230-series sections and related airfoils
such as the V23010-1.58, because, by this correlation, all
moderately thick profiles of the 230 family should display
trailing-edge stall (i.e., gradual stall) and not leading-edge
stall (abrupt), as the test data demonstrate.

Figures 3 and 4 summarize the effect of Reynolds number varia-
tion on the maximum lift capability at low speeds for a number of

airfoils of interest, if not directly applicable, to helicopter
rotors.

Figure 5 summarizes data trends for drag used to estimate ‘
hover power corrections between full-scale and model-scale 1
rotors in Reference 2. 1

Figure 6, again from Reference 1, shows the combined effect
of Mach and Reynolds number variations on three airfoils. |

References:

l. wvan den Berg, B., Reynolde Number and Mach Number Effects on
the Mazimum Lift and Stalling Characteristics of Wings at
Low Speeds. NLR TR 69025U, March 1969.

2. Gormont, R.E., A Mathematical Model of Unsteady Aerodynamics
and Radial Flow for Application to Helicopter Rotore.
USAAMRDL TR 72-67, May 1973.

3. Gault, D.E., A Correlation of Lew-Speed, Airloil -Section
Stalling Characteristices with Reynolds Number and Airfoil
Geometry. NACA TN 3963, Marct 1957.
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1.2.70 REVIEW OF UNSTEADY AERODYNAMIC EFFECTS

The blade motions associated with forward flight in conjunction
with the non-uniform downwash field in which the helicopter
rotor operates give rise to unsteady flow pheanomena which siy-
nificantly alter the aerodynamic characteristics obtained for
airfoils at quasi-steady conditions.

The unsteady aerodynamic effects over airfoils in the absence
of flow separation were analyzed by T. Theodorsen' with a
mathematical model in which the shed wake elements which give
rise to the unsteady effects are trailed downstream from the
airfoil. For rotor (with helical wakes) the shed wake is
embedded under the rotor. Loewy? has shown that for this case
a modified Theodorsen function can be used. In either in-
stance, the unsteady effects have been applied to helicopter
rctor performance methodology as shown by Harris, et al?.

Apart from these effects, rotor tests have shown that rotor
stall does not follow the trends which would be indicated by
quasi-steady airfoil data. Oscillating airfoil tests conduc-
ted by Carta® and by Liiva, et al® demonstrated that dynamic
stall is considerably different from static or quasi-steady
stall, and that in the presence of airfoil motions the stall

could be delayed to higher angles of attack resulting in con-
siderably extended maximum 1lift capability.

Recovery from stall was found to be dependent on the nature of
the stall, i.e. leading edge or trailing edge, etc. This was
found to influence the aérodynamic damping coefficient, where
negative damping values can lead to self-sustained oscillations.
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1.2.70.1 DYNAMIC STALL DELAY

By far, the most important effect evident from oscillating
airfoil tests is the delay in the onset of stall. A typical
set of CN and CM respons> curves is compared with the steady
data in Figure 1 for oscillations with a constant value of
excursions in angle of attack, Aa. When the mean angle (ag =
7.33°) is such that the total excursion is below stall, the
elliptical loops predicted by unsteady airfoil theory, 1i.e.,
Theodorsen, follow the steady data. When the mean angle is
increased to 14.92° and the excursion extends beyond the static
stall angle, the maximum normal force is found to exceed the
steady state value. The angle for pitching moment stall also
exceeds the steady data in this regime. When the mean angle
is increased so that the flow is fully separated, the loops
again follow the steady data, as shown in Figure 1,

The dynamic effects are significantly altered with changes in

the pitch frequency and Mach number

« "The airfoil is partially
stalled during the de- 2.0 .
creasing portion of the fo s uss
cycle for the higher fre- R . smazic
guency case, even though
the CN trace shows a
superficial resemblance
to the elliptical shape
characteristic of un-

F SRR

ST WS,

stalled flow." (Ref. 6)

4.57° ] NRAM
. The sudden stalling fjr}”“'
apparent at the low fre-
quency does not occur at
the high frequency.
(Ref. 7)
. The available test data
show that at M = 0.6
the dynamic Cy and Cpy
loops follow closely
the static lines. The
cycle damping is always
positive and there are
no sharp breaks in the
Cy and Cy curves for
either steady or oscil-
latory data. (Ref. 7)

L.. - 7,33 g ® 14.92°

N TR T

10 14 1 a3 ]
ANGIZ OF ATTACK (e) - DECIANS

Dynamic stall data are used  asm® cicia oweswa 18 cerimp M
in rotor performance calcu- =/Cm d FOR PITCHING OBCILLNTION
lations either directly in fon &8 FOR Pim@ Achamar

a table lookup format, or

. . C o ri Oscillation Dat
indirectly by empirical gure ] Typtoal Pitoh Oscillation Data
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methods which synthesize dynamic data from the available static
data. The key parameters to the latter method are deduced

from test data. One of the current empirical methods developed
by Gross and Harris®, and also presented by Gormont?, uses a
so-called "gamma" function, as described in Section 1.2.0070.03.

The "gamma" function used to calculate the increment in stall
angle between quasi-steady and dvnamic data is defined as:

ci
A%pynamic = Xe,,c 13¥

where K = +1.0 for positive d,/dt,
K= -0.5 for negative 4,/4t,

and the y corresponding to lift or pitchiig moment is obtained
from oscillating airfoil test data. (See Section 1.2.70.3)
The delayed stall angle due to dynamic stall can be evaluated
as,

%dynamic _ @static 8agynamic
stall stall

To synthesize from quasi-steady data the dynamic force coeffi-
cients acting on a blade element at angle of attack Qgg:, angle
of attack rate dgr and Mach number, M, a reference angle of
attack aggr is caiculated as aggr = OBE ~ Addynamic:

The lift coefficient values corrected for dynamic effects are
based on a linear 1ift curve determined by the angle for zero
lift and the lift at arpfr Figure 2. The lift coefficient is
given by:

Cq
C = REF

QREF - Cl°

QBE

When agppp is below the static stall angle, the dynamic lift
coefficient is estimated alecng an extended linear lift curve
as shown in Figure 2a. When agg is greater than the angle of
attack for static stall,lift coefficients considerably greater
than the static C can be attained, Figure 2b. When ag,,
is greater than tﬁ@agngle for static stall the linear lift
curve constructed from a, and agee is greatly reduced in size
and the dynamic lift extension is decreased proporticnally, as
illustrated in Figure 2c.

The inclusion of the unsteady effects due to pitching and heav-
ing motions of the rotor blade accounting for the non-circulatory
contribution to the 1lift, and including the Theodorsen functions
for attenuation and phase shift, are discussed by Gormont?.
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1.2.70.2 DYNAMIC PITCHING MOMENT COEFFICIENT, DRAG
COEFFICIENT AND AERODYNAMIC DAMP ING

The synthesis of cthe dynamic pitching moment and drag coeffi-
cients given in Reference 9 requires the computation cf «
using the vy function derived from the moment stall data. How-
ever, the dynamic coefficient is obtained from a simple table
look-up at apgp and at the Mach number of the blade element.
This technique limits the maximum values of Cy and Cq to the
values obtained during static tests while a s?guificant over-

shoot in the nose~down (negative) pitching moments have been
observed in the dynamic data.

The area enclosed by the Cp loop indicates the work per cycle.
When the circuit is counter-clockwise, the airfoil is trans-
ferring energy to the airstream. When the circuit is clockwise,
the airfoil extracts energy from the airstream. This implies

that the aerodynamic damping is negative and can lead to self-
excited oscillation, i.e., flutter.
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1.2.70.3 GAMMA FUNCTION

The ability to evaluate dynamic airfoil data from the static
data with a good degree of accuracy simplifies rotor perform-
ance calculations. One of the empirical methods available for
such evaluation is the so-callgd "gamma" function technique
originated by Gross and HarrisB., A description of the metho-
dology is also given by Gormont9.

The "gamma" functions for the lift and pitching moment coeffi-
cients are constructed from dynamic test data by making records
of the angle of attack a and the rate a (for 270° only) at
which lift stall and moment stall occur at each Mach number.

The variation of a with Yed/2V is plotted as illustrated in
Figure 3.

From a linear curve fit, the slope of o« vs. /c&/2V is defined
as the "gamma" function.

The v function has to be estimated over a range of Mach numbexrs
to at least M = 0.6 because it is very sensitive to compressi-
bility effects. With increasing Mach number the effect of
dynamic stall delay is reduced, and vy functions are generally
very small or identically zero at M > 0.6.
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1.2.80 EFFECT OF GEOMETRY - MEAN LINE AND THICKNESS EFFECTS

An airfoil section consists of a mean (or camber) line combin-
ed with a thickness distribution. Airfoil theory states that
the mean line can be raplaced by a distribution of vortices and
the airfoil contour (thickness) by a distribution of sources.
The mean line determines the overall chordwise distribution of
pressures and therefore the airfoil characteristics associated
with it. The thickness shape affects the chordwise loading
less significantly than the mean line, but it has a strong in-
fluence on the local velocity gradients, particularly in the
vicinity of the leading edge, and therefore it influences the
development of the boundary layer and other parameters, as
summarized in Table I.

TABLE I
Al L GEOMET CTION D o
COMPONENT CHARACTERISTIC AFFECTED

Mean Line Distribution Chordwise Load Distribu-
tion

ae + Angle of Zero Lift
C

m
Cdmin

c

Critical Mach Number
dacCi/4a

c‘max

Thickness Distribution

Sections 1.2.80.1 and 1.2.80.2 discuss the effects of mean Jine
distributions and thickness shapes on airfoil characteristics.
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1.2.80.1 MEAN LINE DISTRIBUTION

A mean line can be designed to give a desired chordwise ,h load
distribution. Typical are the mean lines used with the NACA
6-series airfoil sections. They were designed for a design
1lift coefficient Cy; ©of 1.0 and have uniform loading up to

some specified cho:éwiae location from the leading edge, beyond
that location the loading decreases linearly to zero at the
trailing edge. Figure 1 shows the mean line and the associated
chordwise loading for the case with the uniform loading extend-
ing to x/c = 0.4, i.e., a = 0.4. For any other desired value
of the design 1lift coefficient, e.g. Cty = 0.5 and the same
load distribution, the mean line ordinates for Ciy = 1.0 are
multiplied by the desired value of Cey as illustrated.

As the point of maximum camber is moved rearward and the load
distribution is moved aft, the pitching moment about the
quarter chord (Cmc/4+ nose down) is increased. Increasing the
camber (or C;.) at a given maximum camber position will also
increase the *ogativ. pitching moment coefficient.

When the camber is increased, i.e. as C;, is increased, the
result is an increase in the angle for zZero lift, a,, this
mians that the camber line (the airfoil) will have to be pitch-
ed further nose-down to achieve zero 1lift.

Because the camber is relatively small, pressure drag changes
with camber changes are small. Boundary layer effects which
determine frictional effects and stall are weak functions of
the mean line distribution.

NACA a=(.4
Mean Line
2-0 =
e
ACP 1.0 I LIS %‘i-OOS
0 RS
.2
y/c -
o b hadl I3 £

0 .2 .4 .6 .8 1.0
x/c

Figure 1. Typical mean lines and
chordwise presesures.




1.2.80.2 THICKNESS EFFFCTS

The type of thickness distribution added to the mean line
(camber) determines the overall pressure distribution. The
geometry of the leading adge determines the magnitude of lead-
ing edge velocities and the location of the stagnation point.
Euler's equation in natural coordinates states that the pressure
gradient normal tc curved streamlines is inversely proportional
to the radius of curvature and that it decrecses approaching
the center of curvature. Thus, the thickness distribution
determinas the location of the minimum pressure (i.e., maximum
velocity) and the pressure recovery (decevleration of the flow)
approaching the trailing edge, which has a2 uestabilizing ¢ffect
on the boundary layer.

Typical examples of pressure zoefficients, Cpr for the NACA
0012 and NACA 63A012 thickness forms are prenented in Figure
l. The NACA 0012 airfoil achieves its minimum Pressure near
the leading edge. The NACA 63A012 airfoil is typical of air-
foils developed for low-drag and high Mach aumber operation.
For the same lift level the minimum pressure of the NACA 63A012
is lower and it is actained further back ca the chord than for
the NACA 0012, so that a favorable pressure gradient is main-
tained further aft on the chord.

The decreased suction pressure on the 63A012 airfoil also aids
in delaying of the onset of compressibility effects. By mov-
ing the minimum pressure position away from the leading edge,
the drag coefficient is reduced as a result of the lowered
velocities over the leading edge, the extended favorable veloc-
ity gradients, and the delay in trensition from laminar to
turbulent boundary layer.

Thick airfcil theory states that dC;/da should increase (in

the absence of viscous effects) with airfoil thickness. Air-
foils having relatively poor boundacy layer characteristics,
such as the 0012, do not exhibit this tiend. However, airfoils
such as the 63A012 , designed to sustain extensive laminar
flow, do follow the expected trends.

0012
Y | P 63A012

1.2

Figure 1. Variation of chordwise pressvre
distribution with thickness forms.
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1.2.90 EFFECT OF AIRFOIL TRAILING EDGE MODIFICATIONS

The following paragraphs .llustrate the most common airfoil
trailing edge modifications.

l. Trailing Edge Angle

The angle between tha upper and lower surfaces at the trailing

edge of an airfoil affects both the location of the asrodynamic
center and the lift curve slope. Increasing the trailing edge

angle will:

e Decrease the lift curve slope (as illustrated
in Figure 1)

e Move the asrodynamic center forward, i.e.,
closer to the leadiny edge (Reference 1,
p- 182).
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1-2-90-2
2, Trailing Edge Tabs

Helicopter airfoils are often modified so that the aft 5% to
10% of the chord has parallel suxfaces with sufficient thick-
ness to satisfy rotor blade structural requirements. The por-
tion of trailing edge with parallel surfaces is referred to as
a trailing edge tab, and it is often deflacted ("reflexad") to
change the section pitching moment characteristics. Two kirnds
of T.E. tabs are common in rotor applications:

a) Trailing edge tabs applied along the entire
span of a rotor blade.

b) Trim tabs, i.e., bendable tabs applied over
a short poxtion of the blade span and used to

"track" or match one blade to other blades
on the same rotor.

Data sheets 1.3.250 and 1.3.260 for the V23010-1.58; 1.3.380,
the V43012~1.58 show the following trends:

[ ) Deflecting the trailing edge tab will shift
pitching moments at the zero 1lift level at
the rates -

ac, /ddy = ~ 0.0062/Deg for a 0.05c¢ Tab
dC,/ddtap™ - 0.005/Deg for a 0.05c Tab

The sensitivity of this effect to Mach number
is illustrated in Figure 2.

[} Since the pitching moment corrections required
of a trailing edge tab (not a trim tab) are
generally in the n¢se up direction, such cor-
rections decrease the net camber of the airfoil
and cause some penalty in its maximum 1ift
capability. This trend is illustrated i..
Figure 3.

® The angle for zero lift is affected by the
trailing 2dge tab angle. A 0.05c tab will shift

the angle for zero lift by 0.23 degrees per
degree of tab deflection.




1.2.90-3

° Deflucting a trailing edge tab in the direc-
tion to generate nose-up pitching moments will
cause the aerodynamic center to move aft. On
ine VR-7 airfoil this shift amounts to 0.005c
for a tab angle change from 0° to ~-3° at M=0.4,
with no further shift when the tab angle is
increased to -6°.

) Tab deflection will also cause a radical change
in the location of the center of gpressure, as
shown ia Figure 4.

o For small tab deflections(a8ppp < 3°) drag
changes are negligible.

3. Trailing Edge Wedges

In some instances it is desirable to make small pitching moment
adjustments without changing the trailing edge tab angle.
Trailing edge wedges such as shown in Figure 5 have proven to
be quite effective, although not as effective as changes in
trailing edge tab angle.

4. Trailing Edge Bluntness

Generally, trailing edge bluntness is associated with an in-
crease in drag level. Approximate values for such an increase
can be evaluated by the expression (Reference 2) -

acq = k(A)~1/3 (h/c)d/3

where A is the dra:; coefficient of the unmodified airfoil,
i.e., with a sharp traj.iny edge, h/c is the thickness of the
thickened trailing edge in fraction of chord. k is a constant
which takes into accousrt the character of the shed wake; name-
ly,

k = 0.1 for a wake without a vortex street

k = 0.14 for wake with organized vorticity
(vortex street)

Hoerner, Reference 2, suggests that a regular vortex streec
(requiring k=0.14) will not occur if:

() h has a small value, roughly thinner than
half of the boundary layer thickness at
the T.E., as is often the case at transonic
flow conditions because of early transition.
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) The overalil flow is unsymmetrical, i.e.,
|cg|>0.1 for a symmetrical section

For example, if an airfoil with a sharp trailing edge has a
drag coefficient (Cd) of 0.01 and the trailing edge thickness
is increased to 3%.

4Cq = 0.00433 without vortex street (k = 0.1)

ACq = 0.00605 with vortex street (k = 0.14)

REFERENCES

1. Abbott, I.H., and Von Doenhoff, A.E., Theory of Wing
Sections. Dover Publications, Inc., New York, N.Y. 1953

2. Hoerner, S.F., Fluid Dynamic Drag, Published by the
Author, 1965.
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1.2.100 EFFECT OF AIRFOIL LEADING EDGE CONTOURS

The flow about the leading edge plays a dominant role in the
performance of airfoil sections because it influences the
early growth and, therefore, the favorable or unfavorable
development of the boundary layer.

Premature boundary layer transition and/ox separation can be
precipitated by:

surface roughness

Surface discontinuities

An excessive rate of deceleration in the flow
Recompression shocks

Leaving aside surface roughness and discontinuities, the ob-
jective of this data sheet is toO illustrate some of the effects
of leading edge geometry on airfoil performance.

1. Leading Edge Curvature

The shape of the leading edge is generally closely related to
the overall shape of airfoils. In the case of NACA profiles,
the shape of an airfoil, including the ghape of its leading
edge, is uniquely defined by prescribing the symmetrical thick-~
ness form and the mean line (1.1.20). The leading edge radius
of NACR airfoils is not strictly a function of the thickness
form, but the values recommended represent the result of an ex-~
tensive optimization effort.

The leading edge curvature of some airfoils has keen modified
to optimize the 1ift and drag characteristics at specific
transonic flow conditions. Such airfoils have blunt leading
edges which deviate from the standard NACA definitions.
References 1 and 2 discurs criteria for high speed airfoil

design.
2. Effect on Aizfoil Characteristics

Excluding roughness etfects, leading edge contours generally
have:

a strong effect on a waak effect on

type of stall pitching moments
maximum lift angle for zero 1ift

°
°

drag level at M < MpDp e 1lift curve slope
°
[ ]

onset of significant com= center of pressure
pressibility effects aerodynamic center
e appearance of laminar

separation "bubbles"
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wheie "leading edge contour" refers toc the portion of airfoil
surface extending from the leading edge to approximately 15%
of chord on both upper and lower surfaces.

It is important to keep in mind that good leading edge charac-
teristics ars a necessary but not sufficient condition for good
airfoil performance.

A typical illustration of leading edge contour effects is the
correlation between the thickness of airfoils at 1.25% of chord
and thc character of stall, suggested by Gault (1.2.60).

Figure 1, from Reference 3, relates the maximum lift capability
of several families of symmetrical NACA profiles to the lead-
ing edge radius and to the location of the maximum thickness.

Figure 2, also from Reference 3, shows the effect of variations
in leading @dge radius on the maximum lift coefficient.

Figure 3 illustrates the effect of an upper surface leading

edge modification of the VR~7 airfoil. For reference see data
sheets 1.3.380 and 1.3.420. At a Mach number of 0.5, the con-
tour modification caused a loss in maximum lift Cj = ~-0.15.

The only beneficial effect was a change in the character of the
stall from le2ading edge stall for the VR-7 (1.3.380) to a less
abrupt form of stall for the VR-7.1 (1.3.420).

Figure 4 shows the rationale for the selection of the V13006-
0.7 airfoil over other versions of the same section with 0.4%
and 1.0% leading edge radii. The V13006-0.7, with an 0.7%
radius, offers the best compromise in maximum lift capability
and low drag rise at high Mach numbers.
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AIRFOIL COORDINATES

2
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x/c

= = ————————— |

0
0125

[N -Reol
wn wn SN
wn V.

OWWONOAWNEWNN MM
wn

y/¢

0.0
0.00947
0.01307
0.01777
0.02]
0.02341
0.02673
0.02869
0.02971
0.03001
0.02902
0.02647
0.02282
0.01832
0.01312
0.00724
0.00403
0.00063

CHARACTERISTICS

® Thicknessa, t/c = 0.06
® Leading Edge Radius, r/c = 0.004

TYPE OF DATA AND METHOD OF TEST

Two-dimer:tional tests in Ehe
Subsonic Insert of the Boeing Supe.-
sonic Wind Tunnel in Seattle, Wash.

Lift and pitching moments were
determined by integration of surface
static pressures.

Drag was determined by a travers-
ing wake probe surv-;.

Model Chord = 7.0 in
Span = 12,0 in

SOURCES3

1) Gabriel, E., Analysis of Two-
Dimensional Wind Tunnel Tests of
Rotor Blade Airfoils of Varying
Camber and Leading Edge Radius,
Eoeing Doc. No. AERO INV. III-288,
November 1965.

2) Gray, L., Liiva, J., Davenport,
F., Wind Tunnel Tests of Thin
Airfoils Oscillating Near Stall,
OSAAVLABS TR 68~89A, 1969.
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AIRFOIL: NACA 0012

1.3.20

—C.

AIRFOIL COORDINATES

x/c y/e

0.0 0.0

0.0005 | 0.0040
0.0010 | 0.0056
0.0025 | 0.0087
0.0050 | 0.0122
0.0075 | 0.014%
0.0100 | 0.0170
0.0125 | 0.0189
0.015 0.0206
0.02 0.0236
0.03 0.0284
0.04 0.0322
0.05 0.0355

0.06 0.0383
0.08 0.0430
0.10 0.0469
0.12 0.0499
0.14 0.0524
0.16 0.0544
0.18 0.0560
0.20 (0.0574
0.225 0.0586
0.25 0.0594
0.275 0.0599
0.3 0.0600
0.325 0.0599
¢.35 0.059%
0.375 0.0588
0.4 0.0580

0.425 0.0569
G.45 0.0558
0.475 0.0544
0.5 0.0529
0.55 0.0495
0.6. 0.0456
0.65 0.0413
0.7 0.0366
0.7% 0.0328%
0.8 0.0262
0.83 0.0208
0.95 0.0000
1.00 0.0013

CHARACTERISTICS

e Thickness, t/c = 0.12
e Leading Edye Radius, r/c = 0.0158

TYPE OF DATA AND METHOD OF TESTS

The wind tunnel tests were carried
out in the National Physical Labora-
tory, NPL, 36 in. x 14 in. (0.92 m
x 0.36 m) transonic tunnel, at
Teddington, Middlesex, England.

Liftr and pitching moments were
found by integration of surface
static pressures. Profile drag wzs
determined by wake measurements.

All measurements were obtained
with a roughness band of 230-270 mesh
carborundum between 0 andéd 2% chord
on both surfaces. The floor and the
ceiling of the test section were
slotted. No corrections for wall
constraints have been applied to the
data.

Model Chord = 10 in (25.4 cm)
Span = 14 in (35.6 cm)

SOURCE

Gregory, N., Wilby, P.G., NPL
9615 and NACA 0012. A Comparison
of Aerodynamic Data, ARC C.P. No.
1261, 1973. .
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AIRFOIL: NACA 0012 (Including Reverse Flow) 1.3.30

—

AIRFOIL COCRDINATES

x/c

y/«

o
o

0.0125

o0

L] -
OO0
v wn ~NSuUn
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POOOOODOOOOO0OOO0O
W

OCWVWWOWOJAUVMEWNN K-

.0

.01894
0.02615
0.03555
0.042
0.04683
0.05345
0.05737
0.05941
0.06002
0.05803
0.05294
0.04563
0.03664
0.02623
0.01448
0.00807
0.00126

CHARACTERISTICS

® Thickness, t/c = 0.11
e Leading Edge Radius, r/c = 0.0158

TYPE OF DATA AND METHOD OF TZEST

The test was run in the Langley low-
tubulence pressure tumel. The timnel, as
used in the present test, has a closed,
rectanqular test section 7.5 ft high and
3 ft wide.

Lift, drag and pitching moments were
measured with a multicompcnent strain-
gage balance.

Model Chord = 6.0 in
Span = 36.0 in

SOURCE

Critzos, Heyson, and Boswinkle,
Aerodynamic Characteristics of
NACA 0012 Airfoil Section at Angles
of Attack from 0° to 180°, NACa
™ 3361, January 1955.
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AIRFOIiL: NACA 0012 with 0° T.E. Tab (H~34) 1.3.40

—_

E——

) — e B

AIRFOIL COORDINATES

CHARACTERISTICS
® Thickness, t/c = 0,117

x/c Y/Cu y/cg ® Leading Edge Radius,
r/c = 0,0154
e Trailing Edge Tab
0.0 5.0 from xﬁc - 2.363
- 0.0 P . tox/c = »
0.0122 | 0.01854 | -0.01848|  © Zrailing Edge Tab Thickness,
0.04878 | 0.03561 -0.034ga Spap = 0°
0.0732 0.04176 |~0.04097
0.09756 | 0.04595 | -0.04507 YPE OF DATA AND METHOD OF TESY
0.14634 | 0.05215 |[-0.05171 ‘vo-dimensional test conducted in
0.19512 | 0.05597 | -0.05532 a special in n -
0.2439 | 0.05796 | =0.05737|  &fnst Sorporaticn (UAC) large subsonic
0.29268 0.05855 | -0.05805 : :odu:iul galma msasured 1lift
0.39024 | 0.05661 | -0.0561 and drag directly.
0.4878 | 0.05165 | -0.05165 A Baldvin-Lina-ianticon bending beas
0.58536 | 0.04452 | -0.04452 obtaLh pLtching momen..
0.68293 | 0.03575 | -0.03575 The airfoil model was equipped with
! 0.78049 | 0.02559 | -0.02559 29 static pressure taps.
0.87805 0'01413 _0'01413 Drag was mesasured with a wake probe.
3 ) ) -0, The model de £ twisted
i 0.92683 0.00787 _°°°°787 ‘portion of .w;c“::““:c:“::”w’:y a:u
; 0.963 0.00293 | =0.00293 Pofeion of & prod
¢ 1.0 0.00293 | -0.00293 The H-)4 airfoil differs from the

NACA 0012 by a slight increase in
upper surface bluntne~a from the L.XE.
to 0.15.¢, a reduction in lower sur-
face maximum thickness (see coordinates
at 0.3 o), and the addition of a
0.037.0c trailing adge tab.

Mode) Chord = 16.4 in
Span » 32.7 in

SOURCE

Lizak, A.A., Two-Dimensional Wind
Tunnel Tests of an H~-34 Main Rotor
Alrfoli) Section, TREC TR 60-33,
u?u-bu‘nco.

\
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AIRFOIL:
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NACA 0012 with =3* T.E. Tab (H-34)

1.3.50

—_

-

A AIRFOIL COORDINATES

x/c y/cy y/¢c;
S 0.0 0.0 0.0
’ 0.0122 0.01854 | -0.01848
0.0244 0.02683 | -0.02551
0.04878 | 0.03561 | -0.03468
0.0732 0.04176 | -0.04097
0.09756 | 0.04595 | -0.04507
0.14634 | 0.05215 | -0.05171
0.19512 | 0.05597 | -0.05532
0.2439 0.05796 | -0.05737
0.29268 | 0.05855 | -0.05805
0.39024 | 0.05661 | -0.0561
. 0.4878 0.05165 | -0.05165
; 0.58536 | 0.04452 | -0.04452
i 0.68293 | 0.03575 | ~0.03575
1 0.78049 | 0.02559 | -0.02559
| 0.87805 | 0.01413 | -0.01413
c, 0.92683 | 0.00787 | -0.00787
1.0 0.00487 | -0.00099

Toetaet L

CHARACTERISTICS

@ Thickness, t/¢c = 0.117
e Leading Edge Radius,
r/c = 0,0154
e Trailing Edge Teb
from x/c = 0.9613
to x/a¢ = 1.0
e Trailing Edge Tab Thickness,
tg:g/e = 0.00596
e Trailing Edge Tab Angle,
Seah =-3°

TYOE OF DATA AND METHOD OF TBST

Two-dimsnsional test conducted in
a special insert in the United Air-
craft Corporation (UAC) large subsonic
wind tunnel.

A mechanical balance measured lift
and drag directly. .

A Baldwin-Lima-Hamilton beanding beam
equipped with strain gages was used to
obtain pitching moment.

The airfoil model was equipped with
29 static pressure taps.

The model was made from an untwiataed
portion of a production Sikorsky H-34
main rotor blade.

The H=-34 airfoil differs from the
NACA 0012 by a slight increase in uvpper
surface bluntness from the L.E. t0O
0.15.c, a reduction in lowar suxface
saximum thickness (see ocoordinates at
0.3.0), and tha addition of & 0.037.c
trailing edge tab.

Mode) Chord = 16.4 in
Span = 32,7 in

SOUNCR

tiszsk, A.A., Two-Dimsnsional Wind Tunnel
Testas of an H=-34 Main Rotor Aixfoil
Seation, TREC TR 60-53, Septembex 1960.
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AIRFOIL:

AIRFOIL COORDINATES

NACA 0015

1.3.60

\

___———’_‘—’;:::>.-"‘

x/c y/c
0.0 0.0
0.0125 0.02367
0.025 N.02268
0.05 0.04443
0.075 0.0525
n,1 0.05853
0.15 0.06682
0.2 0.07172
0.25 0.07427
0.3 0.07502
0.4 0.07254
0.5 0.06617
0.6 0.05704
0.7 0.0458
0.8 0.03279
0.9 0.0181
0.95 0.01008
1.0 0.00158

CHARACTERISTICS

® Thickness, t/c = 0.15
® Leading Edge Radius, r/c = 0.0248

TYPE OF DATA AND METHOD OF TEST

The tests were conducted in the
Ames l-by 3%-foot high speed wind
tunnel, a low-turbulence, two-
dimensional, continuous flow facil-
ity.

The airfoil models were equipped
with 30 pressure orifices of 0.008
in. diameter, and were eguipped with
tightly fitting end plates flush
with the tunnel walls.

Litt and quarter chord pitching
moments were determined from measure-
ments £ the reactions on the tunnel
walls of the forxces experienced by
the airfo.l. Wake surveys were
carried out with a movable rake of
total-head tubes.

Broken lines in the data indicate
that stream velocities were within
0.025M.

Model Chord = 6.0 in
Span = 12.0 in

SOURCE '

Graham, D.J., Nitzberg, G.E., and
Olson, R.N., A Systematic Investiga-
tion of Pressure Distributions at
High Speeds Over Five Representative
NACA Low-Drag and Conventional Airfoil
Sactions, NACA Report 832, 1945.
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AIRFOIL:

NACA 23012 1.3.70

L —

AIRFOIL COORDINATES CHARACTERISTICS
® Thickness, t/c = 0.12
e .
®/e ¥/ey y/es ® Leadin edge radius,
r/c = 0.0158
0.0 0.0 0.0
.0125 .0267 -.0123 ® Slope of_radius _
.025 .0361 -.0171 through L.E. = 0.305
.050 00491 -00226
.075 .580 -.0261 TYPE OF DATA AND METHOD OF TEST
.10 .0643 -.,0292
.15 L0719 -.0350| Two-dimensional test in 8 in. by
.20 .0750 -.0397 18 in. blowdown tunnel at Air-
.25 .0760 -.0428 craft Research Association (ARA)
.30 .0755 -.0446| 1in Bedford, England.
. 40 .0714 -.0448 ]
.50 L0641 -.0417| Lift and pitching moments were cal-
.60 .0547 -.0367| culated by integration of 43
.70 .0436 -.0300 surface static pressures distri-
. 80 ,0308 -.0216 buted over the airfoil model. The
.90 .0168 -.0123 drag was determined by wake rake
-95 00092 -00070 m“uremnts'
1.0 00013 -00013

Model Choxd = .12.7 em (5.0 in )
Span = 20.3 cm (8 in )

SOURCE

Uhle, H., Windkanalmessungen am
Profile NACA 23012 mit Original -
und modifizierter Hinterkante,
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AIRFOIL:

-

NACA 22012 with 0.043c T.E. Tab

1.3.80

‘-—-u—_-_——_""‘t:>== _

AIRFOIL COORDINATES

X/c ¥/ey y/ey
0.0 0.0 0.0
.0125 .0267 -.0123
.025 .0361 -.0171
.050 .0491 ~.0226
075 .0580 -.0261
.10 .0643 -.0292
015 .0719 -00350
.20 .0750 -.0397
«25 .0760 -.0428
.30 .0755 -.0446
040 00714 -00448
.50 .0641 -.0417
.60 0547 -.0367
.70 .0436 -.0300
080 00308 -.0216
.90 .0168 -.0123
.95 .0092 -00070
1.0 .0043 - .0043

CHARACTERISTICS
e Thickness, t/c = 0.12

e Leading edge circle,
r/c = 0.0158

e Slope of radius through
L.E. = 0,305 '

e Trailing edge tab
from x/c = (.957 with abrupt
te x/c = 1.00 transition from
airfoil to tab

TYPE OF DATA AND METHOD OF TEST

Two~-dimensional test in 8 in.

x 18 in. blowdown tunnel at Air-
craft Research Association (ARA)
in Bedford, England.

Lift and pitching moments were cal-
culated by integration of 43
surface static pressures distribut-
ed over the airfoil model. The
drag was determined by walie rake
measurements.

)

Model Chord = 1 ( n
( n)

2.7 em (5.0 i
Span = 20.3 om (8.0 i

SOURCE

Uhle, H., Windkanalmessungen am
Profile NACA 23012 mit Original -
und modifizierter Hinterkante,
MBB TN D127-2/71, Nov. 3, 1971.
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|—————  AIRFOIL COORDINATES

NACA 23012 with 0.087¢ T.E. Tab 1.3.90

i ——

x/c Y/cu y/cy,
0.0 0.0 0.0
.0125 .0267 -,0123
.025 .0361 -.0171
.050 0491 -.0226
-075 00580 --0261
+10 .0643 -.0292
.15 00719 -00350
. 20 00750 -00397
.25 00760 --0428
.30 .0755 -.0446
. 40 .0714 -.0448
-50 00641 "'00417
. 60 .0547 -.0367
.70 .0436 -,0300
.80 .0308 -.0216
.90 .0168 -.0123
0913 00043 -00043
1.0 .0043 -.0043

CHARACTERISTICS
® Thickness, t/c = 0.12

e Leading edge circle,
r/c = 0.0158

e Slope of radius through
L.E. = 00305

e Trailing edge tab
from x/c = 0.913 with abrupt
to %/c = 1.00 transition from
airfoil to tab

e 0° T.E. tab angle, measured
from chord line

TYPE OF DATA AND METHOD OF TEST

Two-dimensional test in 8 in. by
18 in. blowdown tunnel at Air-
craft Research Association (ARA)
in Bedford, England.

Lift and pitching moments were cal-
culated by integration of 43
surface static pressures distri-
buted over the airfoil model. The
drag was determined by wake rake
measurements.

Model Chord = 12.7 cm (5.0 in )
Span = 20.3 cm (8.0 in)

SOURCE

Uhlae, H., Windkanalmessungen am
Profile NACA 23012 mit Original -

" und modifizierter Hinterkante,

MBB TN D127"2/7lp NOV. 3, 1971-
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AIRFOIL:

NACA 23015
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1.3.100

—/’—>_

AIRFOIL COORDINATES

x/c Y/e, Y/
0.0 0.0 0.0
0.0125 0.6334 -0.0154
0.025 0.0444 -0.0225
0.05 0.0589 -0.0304
¢.075 0.069 ~0.0361
0.1 0.0764 -0.0409
0.15 0.0852 -0.0484
0.2 0.0892 -0.0541
0.25 0.0908 -0.0578
0.3 0.0905 -0.0596
0.4 0.0859 ~0.0592
0.5 0.0774 -0.0550
0.6 0.0661 -0.0481
0.7 0.0525 -0.0391
0.8 2.0373 -0.0283
0.9 000304 -000159
0.95 0.0112 -0.0090
LE.O 0.0016 -0.0016

CHARACTERISTICS

® Thickness, t/c = 0.15
® Leading Edge Radius,
x/c = 0.0248
® Slope of Radius Through Leading
Edge = 0.305

TYPE OF DATA AND METHOD OF TEST

The tests were conducted in the
Ames l-by 3k-foot high-speed wind
tunnel, a low-turbulence, two-
dimensional, continuous flow
facility.

The airfoil models were eguipped
with 30 pressure orifices of 0.008
in. diameter, and were equipped
with tightly fitting end plates
flush with the tunnel walls.

Lift and pitching moments were
obtained by integration of the
measured surface pressures. Wake
Surveys were.carried out with a
movable rake of total-head tubes.

Broken lines in the data indi-
cate that stream velocities were
within 0.025M.

Model Chord = 6.0 in
Spm = 12.0 in

SOURCE

Graham, D.J., Nitzberg, G.E.,
and Olson, R.N., A Systematic In-
vestigation of Pressure Distribu-
tions at High Speeds Over Five
Representative NACA Low-~Drag and
fonventional Airfoil Sections,
NACA Report 832, 1945.
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AIRFOIL:

-

AIRFOIL COORDINATES

NACA 63A009

1.3.110

x/c y/¢c
0.0 0.0 .
0.005 0.007375
0.0075 0.008875
0.0125 0.011262
0.025 0.015637
0.05 0.021712
0.075 0.02625
0.1 0.0299
0.15 0.035525
0.2 0.039575
0.25 0.0424
0.3 0.04419
0.35 0.04495
0.4 0.044725
0.45 0.043575
0.5 0.0415)3
0.55 0.0389
0.6 0.03559
0.65 0.031775
0.7 0.0275
0.75 0.023
0.8 0.01844
0.85 0.013875
0.9 0.009312
0.95 0.00475
1.0 0.0002

CHARACTERISTICS

Thickness, t/c/ = 0.09
Leading Edge Radius, r/c = 0.006075
Trailing Edge Radius,

r/e = 0.000225

TYPE OF DATA AND METHOD OF TEST

The tests were conducted in the
Lockheed-California Company Fluid
Dyramics Laboratory 4-by-4 foot
supersonic wind tunnel, equipped
with a two-dimensional subsonic test
section. The tunnel is of the blow-
down type. The flonr and ceiling of
the test section were perforated
(pcrous) .

Model forces were measured with
two six-compcnent strain gage
balances. Drag was measured with a
40-tube pressure rake installed 14
inches downstream of the trailing
edge of the model.

Model Chord = 8.0 in
Span = 48 .0 in

SOURCE

Sipe, 0.E., Jr., and Gorenberg,
N.B., Effect of Mach Number, Reynolds
Number, and Thickness Ratio on the
Aerodynamic Characterxistics of NACA
63A-Series Airfoil Sections, U.S3.
Army AnMoLo TR 65"28' Junﬁ 19650
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AIRFOIL COORDINATES

NACA 63A012

1.3.120

R

x/¢c y/c
0.0 0.0
0.005 0.009725
0.0075 0.011725
0.0125 0.014925
0.025 0.020775
0.05 0.02895
0.075 0.03504
0.1 0.03994
0.15 0.047475
0.2 0.052875
0.25 0.05664
0.3 0.05901
0.35 0.05995
0.4 0.059575
0.45 0.057925
0.5 0.05517
0.55 0.051475
0.6 0.047
0.65 0.04186
0.7 0,03621
0.75 0.03026
0.8 0.0242¢
0.85 0.01826
0.9 0.01225
0.95 0.00625
1.0 0.00025

CHARACTERISTICS

® Thickness, t/c = 0.12
® Leading Edge Radius, r/c = 0.01075
e Trailing Edge Radius,

r/c = 0.000275

TYPE OF DATA AND METHOD OF TEST

The tests were conducted in the
Lockheed-California Company Fluid
Dynamics Laboratory 4-by-4 foot super-
sonic wind tunnel, equipped with a
two~-dimensional subsonic test section.
The tunnel is of the blow-down type.
The floor and ceiling of the test
section were perforated (porous).

Model forces were measured with
two six-component strain gage bal-
ances. Drag was measured with a
40-tube pressure rake installed 14
inches downstream of the trailing
edge of the model.

Model Chord = 8.0 in

- Span = 48 in

SOURCE

Sipe, O0.E., Jr., and Gorenberg,
N.B., Effect of Mach Number, Reynolds
Number, and Thickness Ratio on the
Aarodynamic Characteristics of NACA
6 3A-Series Airfoil Sections, U.S.
Amny A'.MQIJQ ‘TR 65"28' June 19650
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NACA 63A012
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AIRFOIL:

—

AIRFOIL COORDINATES

NACA 63A012 (Including Reverse Flow) 1.3.130

I

x/c y/c
0.0 0.0
0.005 0.009725
0.0075 0.011725
0.0125 0.014925
0.025 0.020775
0.05 0.02895
0.075 0.03504
0.1 0.03994
0.15 0.047475
0.2 0.052875
0.25 0.05664
0.3 0.05901
0.35 0.05995
0.4 0.05957%
0.45 0.057925
0.5 0.05517
0.55 0.051475
0.6 0.047
0.65 0.04186
0.7 0.03621
0.75 0.03026
0.8 0.02426
0.85 0.01826
0.9 0.01225
0.95 0.00625
1.0 0.00025

CHARACTERISTICS

® Thickness, t/c = 0.12
® Leading Edge Radius, r/c = 0.01075
® Trailing Edge Radius,

r/c = 0.000275

TYPE OF DATA AND METHOD OF TEST

The tests were conducted in the
Lockheed-California Company Fluid
Dynamics Laboratory 4-by-4 foot
supersonic wind tunnel, equipped
with a two-dimensional subsonic test
section. The tunnel is of the blow-
down type. The floor and ceiling
of the test section were perforated
(porous) .

Model forces were measured with
two six-component strain gage
balances. Drag was measured with a
40~tube pressure rake installed 14
inches downstream of the trailing
edge of the model.

Model Chord = 8.0 in
Span = 48 in

SOURCE

Sipe, 0.E., Jr., and Gorenberg,
N.B., Effect of Macn Number, Reynolds
N:uWer, and Thickness Ratio on :he
Ac.codynamic Characteristics of NACA
63A-Series Airfoil Sections, U.S.
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NACA 63A012 INCLUDING REVERSE FLOW
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AIRFOIL: NACA 63A015 1.3.140

AIRFOIl, COORDINATES CHARACTERISTICS
® Thickness, t/c = 0.15
x/c y/¢c ® Leading Edge Radius, r/c = 0.0163
@ Trailing Edge Radius,

0.0 0.0 r/c = 0.000375
0.005 0.012025
0.0075 0.014475 TYPE OF DATA AND METHOD OF TEST
0.0125 0.018437
0.025 0.02579 The tests were conducted in the
0.05 0.036175 Lockheed-California Company Fluid
0.075 0.04382 Dynamics Laboratory 4-by-4 foot
0.1 0.049975 supersonic wind tunnel, equipped
0.15 0.059425 with a two-dimensional subsonic test
0.2 0.06619 section. The tunnel is of the blow-
0.25 0.07091 down type. The floor and ceiling of
0.3 0.07384 the test section were perforated
0.35 0.07496 (porous) .
0.4 0.07435 Model forces were measured with
0.45 0.07215 two six-component strain gage
0.5 0.068575 balances. Drag was measured with a
0.55 0.063875 40-tube pressure rake installed 14
0.6 0.0582 inches downstream of the trailing
0.65 0.051725 edge of the model.
0.7 0.04467
0.75 0.03731 + Model Chord = 8.0 in
0.8 0.02991 Span = 48 in
0.85 1.02255
0.9 J.015125 SOURCE
0.95 0.0095 Sipe, 0.E., Jxr., and Gorenberg,
1.0 0.000325 N.B., Effect of Mach Number, Reynolds

Number, and Thickness Ratio on the
Aerodynamic Characteristics of NACA
63A-Series Airfoil Sections, U.S.
Army A.M.L. TR 65~-28, June 1965,
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AIRFOIL:

AIRFOIL COORDINATES

NACA 63A018

1.3.150

P

x/c y/c
0.0 0.0
0.005 0.014225
0.0075 0.017112
0.0125 0.021737
0.025 0.030625
0.05 0.043412
0.075 0.0526
0.1 0.06
0.15 0.7139
0.2 0.079625
0.25 0.08522
0.3 0.08866
0.35 0.089975
0.4 0.08909
0.45 0.0863
0.5 0.081812
0.55 0.076262
0.6 0.06954
0.65 0.061375
0.7 0.05296
0.75 0.04422
0.8 0.03546
0.85 0.0267
0.9 0.017925
0.95 0.009175
1.0 0.0004

CHARACTF.RISTICS

Thickness, t/c¢ = 0.18
Leading Edge Radius, r/c = 0.0228
Trailing Edge Radius,

r/c = 0.000475

TYPE OF DATA AND METHOD OF TEST

The tests were conducted in the
Lockheed~California Company Fluid
Dynamics Laboratory 4-by-4 foot
Supersonic wind tunnel, equipped
with a two~dimensional subsonic test
section. The tunnel is of the blow-
down type. The floor and ceiling
of the test section were pertorated
(porous).

Model forces were measured with
two six-component strain gage
balances. Drag was measured with a
40-tube pressure rake installed 14
inches downstream cf the trailing
adge of the model.

Model Chord = 8.0 in
Span = 48 in

SQURCE

Sipe, O.E., Jr., and Gorenberg,
N.B., Effect of Mach Number, Reynolds
Number, and Thickness Ratio on the
Aerodynamic Characteristics of NACA
63A-Seriaes Airfoil Sections, U.S.
Axmy 2.M.L. TR 65-28, June 1965.
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AIRFOIL:

NACA 64A(4.5)08

1.3.160

e

\

AIRFOIL

COORDINATES

y/e,

x/¢y

Y/c‘

om——

.0

.0012362
.00596
01074
.02297
.04773
07264
.09762
. 14772
+ 19792
. 24819
. 29850
. 34884
. 39919
< 44958
- 49950
.85022
. 60049
. 65072
.70091
.75107
.801130
.085131
.90096
. 95056
.0

HOOOOOOOQOOOOOOOOOOOODOQOO

0.0

0.00770
0.00957
0.01261
0.01825
0.02673
2.03341
0.03904
0.04817
0.05524
0.067658
0.06465
0.06731
0.06868
0.06840
0.06677
0.061395
0.06009
0.05536
0.05006
0.04408
0.03711
0.02862
0.01977
0.01061
0.0

0.0

0.006138
0.00904
0.01426
0.02703
0.05227
0.07736
0.10238
0.15228
0.20208
0.25181
0.301%0
0.35116
0.40081
0.45045
0.50010
0.54978
0.59951
0.64928
0.69909
0.74893
0.79870
0.84869
0.89904
0.94944
1.0

——

0.0
=0.00517
-0.00601
=-0.00718
-0.0087%
-0.01050
-0.01152
-0.01222
=0.01304
-0.01338
=0.01334
-0.01297
=-0.01223
~0.01114
=-0.00926
=0.00691
~-0.00427
-0.00182

0.00110

0.00316

0.00453

0.00498

0.00384

0.302230

0.00043

0.0

CHARACTERISTICS

® Thickness ratio, t/c = 0.080

® Leading edge radius,
r/c = 0,00456
Center cf L.E. circle
x/c = 0.00446, y/c = 0.00095

e Trailing edge radius,
r/c = 0,001568

TYPE OF DATA AND METHOD OF TEST

Two~dimensional test in the
subsonic insert of the Boeing
Supersonic Wind Tunnel in
Seattle, Wash.

Lift and pitching moments were
measured on a balance.

Drag was determined with a wake
rake survey.

End plate tares have been applied
to the pitching moment measure-~
ments.,

Model Chord = 6,38 in
Span = 12,0 in

SOURCE

Dadone, L., Experimental Investi-
gation of the Properties of a
Family of NACA 64AXXX Airfoils,
Boeing Document D170-10021-1,
October 1969.
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AIRFOIL:

- AN S VI

NACA 64A608

e

. e e w —— —— ——— o~ - -

1.3.170

—

AIRFOIL COORDIMATES

[ x/Qy

OO0 O0OO0O0DDOO0O0O0DO0DO0O0ODO0OO0O0CO0O0O0O00ODDOO0
- .

o

.00320
.00547
.01010
.02232
. 04699
07186
.09604
. 14697
19721
. 24759
. 29800
. 34845
.39892
. 44940
. 49987
.55029
.60065
.65096
. 70121
75143
80174
.85173
.90128
.9597%

o

Y/Cu

0.0
0.00801
0.0100%
0.91340
0.0197
0.029132
0.03696
0.94343
0.0%2396
0.062
0.0605v
0.07324
0.076480
0.07827
0.07825%
0.0767%
0.07309
0.069803%
0.06477
0.0589%2
0.05218
0.04407
0.03398
0.02341

0.01242 |

0.0

x/¢ct

0.0

0.00680
0.009%)
0.01482
0.02768
0.05301
0.07014
0.10316
0.13%30)
0.20277
. 25241
. 30200
. 35133
.40108
. 45060
.500112
54971
. 59918
64904
.69079

00000000000
.

y/ey

0.0
-0.00464
=-0.00530
«0.00616
=-0.00708
~0.00769
-0.00770
~0.00766
=0.00712
=~0.00638
=0.00542
=0.004134
=0.00304
-0.00154
0.00060
0.001307
0.00368
0.000824
0.01082
0.01204
0.01266
0.0l1200
0.00930
0.00602
0.00229
0.0

CHARACTERISTICS
® Thickness ratio, t/c = 0.080

e Leading edge radius,
r/c = 0,00456
Center of L.E. circle
x/c = 0,00438, y/c = 0.00125

e Trailing edge radius,
r/c = 0.001568

TYPE OF DATA AND METHOD OF TEST

Two-dimensional test in the sub-
sonic insert of the Boeing Super-
sonic Wind Tunnel in Seattle, Wash.

Lift and pitching moments were
measured on a balance.

Drag was determined with a wake
rake survey.

End plate tares nave heen applied
to pitching moment measurements,

Modei Chord = 6.38 in
Spln = 1200 in

SOURCE

Dadone L., Experimental Investi-
gation of the Properties of a
Family of NACA 64AXXX Airfoils,
Boeing Document D170~10021-1,
October 1969.
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AIRFOIL:

NACA 64A312

l1.3.180

— [

ALRFOIL COORDTMATES

x/cy

0.0
0.001362
0.00596
0.01078
0.02297
0.04772
0.07263
0.09761
0.14771
0.19791
0.24818
0.29849
0.34883
0.139919
0.44955
0.4%990
0.55021
0.60048
0.65071
0.70089
0.75105
0.80127
0.85126
0.90091
0.95051
1.0

y/ey

0.0

0.010%3
0.01280
0.01661
0.02341
0.03342
0.04115
0.04758
0.0578S
0.06564
0.07150
0.07565
0.07813
0.27899
0.07769
0.07475
0.07045
0.06500
0.05879
0.0%219
0.04513
0.03742
0.02871
0.01974
0.01057
0.0

x/cg .

0.0

0.006298
0.00904
0.01425
0.02703
0.05228
0.07737
0.10239
0.15229
0.20209
0.28182
0.30151
0.35117
0.40081
0.45045
0.50010
0.54979
0.5995¢
0.64929
0.69911
0.74895
0.79873
0.84874
¢.89909
0.94949
1.0

y/c,

0.0
-0.00804
-0.01080
-0.01299
=-0.01708
=0.02260
=0.02656¢
=0.02969
=0.03443
«0.03773
=0.0399¢
-0. 0‘119
-000‘1‘1
-0.04062
-0.03827
=0.0348S
=0.03067
-0.02595
-0.02114
~0.01671
-0.01273
«0.009139
=0.00706
-0.00503
=0.00321

0.0

CRARACTERISTICS

® Thickness ratio, t/c = 0.120

e leadin
r/c =
Center of L.BE. circle
x/c = 0.01034, y/c = 0.00147

odgo radius,
1044

e Trailing edge radius,
r/c = 0.001568

TYPE OF DATA AND METHOD OF TEST

T™wo-dimensional test in the sub-
sonic insert of the Boeing Super-
sonic Wind Tunnel in Seattle, Wash.

Lift and pitching moments were
measured on a balance.

Drag was determined with a wake
rake survey.

End plate tares have been applied
to the pitching moment measurements.

Model Chord = 6.38 in
Span = 12.0 in

SOURCE

Dadone, L., Exparimental Investi-
gation of the Properties of a
Family of NACA 64AXXX Airfoils,
Boeing Document D170-10021-1,
October 1969.
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AIRFOIL:

NACA 64A(4.5)12

1.3.140

o <

AIRFOIL

COORDINATES

x/Cyy

y/cy

x/cy

Y/cg

——

o.o

0.00295
0.00521
0.00989
0.02198
0.04659
0.07145
.09642
- 14657
. 19687
.24727
«29774
- 34825
. 39879
. 44933
. 49985
.550132
.60072
-65106
. 70133
. 75187
.80190
.85188
-901236
.95C76
.0

OO0 00ODOOOOOOOO0O0O

'0,05196

0.0

0.01083
0.01338
0.01738
0.02487
0.0360)
0.04470

0.06364
0.0725%6
0.079135
0.0842¢
0.08729
0.08857
0.08785
0.08473
0.08C40
0.07476
0.06819
0.06204
0.05321
0.044239
0.03406
0.02238
0.01239
0.0

0.0

0.00708
0.00979
‘001511
v.02802
0.05341
0.07855
0.10358
0.15343
0.20313
0.23272
» 30226
. 35175
.40121
.- 45067
.500158
.54968
.59928
0.64094
0.69867
0.74843
0.79810
0.84012
0.89864
0.94924
1.0

COOOOO0OO

0.0
~0.008130
-0.00978
+=0.01196
-0.01538
~0.01978
=0.02281
~0.02513
~0.02851
-0.03071
~0.03204
~0.01286
-0.03221
~0.03102
-0.02841
=0.02487
~0.02072
-0.01619
=0.01172
-0.09783
=0.00460
~0.002313
=0.00160
-0.00131
-0.00135%

o.o

CHARA( 7 . CS

® Thick:. .~ rativ, t/c = 0.120

® Leading edge radius,
r/c = 0,01044
Center of L.E. circle
x/c = 0.01021, y/c = 0.00218

® Trailing edge radius,
x/c = (0,001568

TYPE OF DATA AND MFTHOD OF TEST

Two-~dimensional test in the sub-
sonic insert of the Boeing Super-
sonic Wind Tunnel in Seattle, Wash.

Lift and pitching moments were
measured on a balance.

Drag was Jetermined with a wake
rake survey.

End plate tares have been applied
to the pitching moment measurements.

Model Chord = 6.38 in
Span = 12,0 in

SOURCE

Dadone, L., Experimental ., vesti-
gation of the Properties of a
Family of NACA 64AXXX Airfoils,
Boming Document D170-~10021-1,
October 1969.
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NACA RuA(4,5)12
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AIRFOIL:

NACA 64A612

1.3.200

_

AIRMIL

COORDINATES

x/Cy

Y/cu

0.0

0.00232
0.00449
0.00906
0.02100
0.04548
0.07029
0.09525
0.14544
0.19584
0.246137
0.29699
0.34767
0.39838
0.44911
0.49980
0.55043
0.60096
0.65141
0.70178
0.75209
0.80252
0.85250
0.90181
0.95101
1.0

0.0

0.01109
0.01378
0.01012
0.02620
0.020855
0.04820
0.05%630
0.069139
0.07947
0.08718
0.09281
0.09645
0.09815
0.09740
0.09471
0.090134
0.00452
0.0775%9
0.06909
0.06128%
0.05134
0.03940
0.02700
0.01419
0.0

lx/e;

y/c

e

0.450089
0.50020
0.54957
0.59904
0.64859
0.69022
0.74791
0.79748
0.04750
0.09819
0.9489¢%
1.0

0.0
=-0.00772
=0.00902
-0.01088
=0.01362
~0.01692
=-0.01902
-0.02053
=0.02256¢
-0.02366
~0.02510
-0.0239)
=0.02301
-0.02142
-0.01855
=0.01409
-0-01077
-0.00642
=0.002230

0.00106

0.003513

0.00473

0.00399

0.00242

0.00052

0.0

_\_

CHARACTERISTICS

® Thickness ratio, t/c = 0.120

e Leading edge radius,
r/c = 0,01044
Center of L.E. circle
x/c = 0.01004, y/c = 0.00286

e Trailing edge radius,
r/c = 0,.001568

TYPE OF DATA AND METHOD OF TEST

Two~dimensional teat in the sub-
sonic insert of the Boeing Super-
sonic Wind Tunnel in Seattle, Wash.

Lift and pitching moments were
measured on a balance.

Drag was determined with a wake
rake survey.

End plate tares have been applied
to the pitching moment measurements.

Model Chord = 6.38 in
Span = 12,0 in

SOURCE

Dadone, L., Experimental Investi-
gation of the Froperties of a
Family of NACA 64AXXX Airfoils,
Boeing Document D170-10021-1,
October 1969.
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AIRFOIL:

NACA 64A516

1.3.210

e

s RS

AIRFOIL COORDINATES

kd

~N

0
[

.
o

.00204
.00418
.00871
.02057
.044998
.06975
.09471
. 14491
.19536
. 24598
. 29668
. 34741
. 39821
. 44902
49978
. 55047
0.60105
0.65154
0.70194
0.75227
0.80274
0.05270
0.90194
0.95108
1.0

[~ 2-X-X-N-X-J-N-¥-N-N-Y-N-§-A-%-%-J

y/ Cy

0.0
0.01387
0.01706
0.02218
0.03178
0.04599
0.05704
0.06625
0.08101
0.09224
0.10072
0.10673
0.11037
0.11161
0.10978
0.10570
0.09974
0.09219
0.08372
0.07460
0.06473
0.0537¢
0.04109
0.02006
0.01470
'0.0

A

0.40179
0.45098
0.50022
0.54953
0.59895
0.64846
0.69806
0.74773
0.79726
0.84730
0.89806
0.94893
1.0

Y/e‘
nam——

0.0
-~0.01106
=0.01310
-0.01615
=0.02123
=0.02796
~0.03272
=0.03644
=0.04198
-0.04573
~0.04815
=0.04931
=0.04917
~0.04767
~0.04407
=0.03919
=0.03343
=0.02711
=0.02098
~0.01547
=0.01072
=0.00701
=0.00502
=0.00354
=0.00244

0.0

CHARACTERISTICS
® Thickness rutio, t/c = 0.160

® Leading edge radius,

r/c = 0,01807
Center of L.E. circle
x/c = 0.01758, y/c = 0.00418

® Trailing edge radius,
r/c = 0,001568

TYPE OF DATA AND METHOD OF TEST

Two-dimensional test in the sub-
sonic insert of the Boeing Super-
sonic Wind Tunnel in Seattle, Wash.

Lift and pitching moments we=e
measured on a balance.

Drag was determined with a wake
rake survey.

End plate tares have been applied
to the pitching moment measurements.

Model Chord = 6.38 in
Span = 12.0 in

SCURCE

Dadone, L., Experimsntal Investi-
gation of the Properxties of a
Family of MACA G4AXXX Airxrfoils,
Boeing Document D170-10021-1,
October 1969.
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AIRFOIL:

o

NACA 8-H~12

1.3.220

--..________._::=-_-___-

AIRFOIL COORDINATES

0.0
0.00147
0.00358
10.00804
0.0198
0.04424
0.06914
0.09427
0.14497
0.19607
0.24754
0.29969
0.35174
0.40292
0.4536
0.5039
0.55387
.60358
.65311
. 7025
75184
.80118
. 8506
.90016
. 94998
00

HOOO0OOOO0OO0O

0.0
0.01229
0.0152
0.02006
0.02941
0.04312
0.0538
0.06263
0.07626
0.08608
0.09243
0.09523
0.059432
0.0903
0.0842
0.07666
0.06795
0.05846
0.0485
0.0230838
0.02838
0.01895
0.01046
0.00342
=-0.00119
0.0

0.0302
0.05576
0.08086
0.10873
0.155%03
0.20393
0.25246
0.30031
0.34826
0.39708
0.4464
0.496)
0.54613
0.59642
0.64689
0.6978
0.74816
0.79882
0.8494
0.89984
0.95005
0.0

0.0
-0.00819
~0.00946
-0.01128
~0.01415%

-0.0192

=0.02059
=0.02242
=0.02351
=0.02417
~0.02455%
-0502‘9

=0.02494
=0.02476
=0.02436
=0.021377
-0.02290
-0.02178
=0.02034
-0.0186

~0.01645
~0.01384
-0.01051
=-0.00629

0.0

-0.01736 |

CHARACTERISTICS

e Thickness, t/c = 0.12
e Leading Edge Radius,
r/c = 0.01325
® Slope of Radius Through
Leading Edge = 0.344

TYPE OF DATA AND
METHOD OF TEST

Two-dimensional test
in the Langley low-
turbulence wind tunnel.
The dimensions of the
test section were
3' x 7.5'., In prepara-
tion for the test, the
model was sanded down
in a chordwise direc-
tion with No. 400 carb-
orundum paper.

Lift and pitching
moments were obtained
from balance readings,
the drag was obtained
from wake measurements.
Some surface pressure
measurements were also
made .

All tests were run
at low speeds.

The data presentsd
was acquired at
Re = 2-6 X loso

Model Chord = 24,0 in
Span = 35.5 in

SOURCE

Stivers, L.S., Jr.,
Ric.' PoJ-. Jruo Aero=-.
dynamic Characteristics
of Four NACA Airfoil
Sections Designed for
Helicopter Rotor Blades,

NACA WR L-29, 1946,

—
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AIRFOIL:

— <

V13006-0.7

1.3.230

AIRFOIL COORDINATES (*)

CHARACTERISTICS

x/c v/c y/c ¢ Thickness, t/c = 0.06
=0.002 [-0.C117 | ~0.0117 ® Leading Edge Radius:

0.0 |-0.0064 |-0.0171 r/c = 0.007

0.0025|~0.004 -0.019 e Center of Leading Edge
0.0075|~-0.0013 | -0.0208 Circle at x/c = 0,005
0.0125( 0.0012 | -0.0219 y/c = =-0.0117
0.025 0.00587 | -~0.0235

0.05 0.0127 | ~0.0255

0.075 0.0177 | -0. 0268 TYPE OF DATA AND METHOD OF TEST
0.1 0.02.6 | ~0.0275 Two-dimensional tests in the
0.15 0.026 | -0.0286 subsonic insert of the Boeing
0.2 0.0285 | -0.0294 supersonic wind tunnel in
3.25 g.gggS -0.9299 Seattle, Washington.

0:2 0:0299 :8:839 Lift and pitching moments

0.5 0.0265 | =0.0265 were determined by integra-
0.6 0.0228 | -0.0228 tion of surface static

0.7 0.0185 [ -0.0183 pressures.

0.8 0.0131 | -0.0131 Drag was determined by a

0.9 0.0072 | -0.0072 traversing wake probe survey.
1.0 0.0006 -0.0006 Model Chordl = 7.0 in

(*)Coordinates defined in

the Vertol reference

SOURCE

1) Gabriel, E.,"Analysis
two-dimensional wind Tunnel
Tests cf Rotor Blade Airfoils

system, where the reference
line approximately bisects
the aft 50% of an airfoil.

of Varying Camber and Leading
Edge Radius", Boeing Document
AERO INV.III-288, November,l965.
2) Gray, L., Liiva, J,Davenport,
F., "Wind Tunnel Tests of Thin
Airfoils Oscillating Near Stall,
USAAVLABS TR 68-~89A, 1969.
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AIRFOIL: V(1.9)3009-1.25 1.3.240
- =
AIRFOIL COORDINATES (*) CHARACTERISTICS
x/c X/Cupp Y/Clow e Thickness, t/= = 0.09
. -Q, -0, e Leading Edge Radius,
0.005 | -0.00585 | -0.02767 r/c = 0.0125
0-0125 +°o°°199 -0003211 ® c‘ntet of Leading Edge
g~g§5 8'8%83% -g-ggggg Circle at x/c = 0.0125
L] L . - [ ] c - - .
0.075 | 0.02778 | -0.04149 Y/ 0.01763
0.1 0.03295 | -0.0427 TYPE OF DATA AND METHOD OF TEST
0.15 0.0387 -0.04395
0.2 0.0424 -0.0446 Two-dimensional tests in the
0.25 0.04425 | -0.04505 subsonic insert of the Boeing
0.3 0.04495 | -0.04505 supersonic wind tunnel in Seattle,
0.35 0.04468 | -0.04468 Washington.
g‘g o'gggzg "8‘323%2 Lift and pitching moment were
0’6 3'03415 :0'03415 determined by integration of
0.7 0.02686 | -0.02686 surface static pressures.
0.8 0.01863 | -0.01863 Drag was determined by a travers-
0.9 0.01014 | -0.01014 ing wake probe survey.
0.95 0.0056 -0.0056
1.0 -0. 00055 The tests were conducted at total

0.00055

(*)Coordinates defined in
the Vertol reference

system, where the reference

line approximately bisects
the aft 508 of an airfoil.

pressures of about 50 psia to
simulate full-scale Reynolds

Numbers.

Model Chord = 6.0 in
Span = 12,0 in

SOURCE

Gabriel, E., "Analysis of two-
dimensional Wind Tunnel Tests of
Rotor Blade Airfoils of Varying
Camber and Leading Edge Radius”,
Boeing Aero. Inv., III-288, 11
November, 1965.

Y VN
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AIRFOIL: V23010-1.58 With 0° T.E. Tab

(*)
AIRFCIL COORDINATES

x/e y/cy y/e,
0.0 -0.0223 -0.0228
.01 -0.0024 -0.0362
0.018 0.0019 -0.0379
0.025 0.009¢ ~0.0394
0.033% 0.0188% =0.0404
0.047 0.0214 =0.0412
0.06 0.02¢3 -0,042
0.08 0.0327 =0.0434
0.11 0.039¢ =0.0449
0.13 0.0458 =0.0471
0.19 0.0409 -0.0494
.23 0.0499 -0.0813
0.27 0.0499 -0.0822
0.3 0.0497 -0.08219
0.35 0.049 -0.0817
0.39 0.040 =0.0%08
0.43 0.0465 =0.0487
0.47 0.0446¢ =0.0468
0.51 0.0424 =0.044
0.53 0.0397 =0.0412
0.59 0.0369 -0.038
0.63 0.033¢ =0.0346
0.67 0.0301 =0.0308
0.7 0.0263 =0.0269
0.78 0.0223 ~0.022¢
0.79 0.0181 =0.0182
0.83 0.0137 ~0.013¢
0.87 0.009) =0.009)
.91 0.0056 -9.0087
0.948 0.0029 «0.003)
0.9¢ 00‘033’ -0.003)
1.0 0.00238 =0.002)

(*)Coordinates defined in
the Vertol reference
system, where the reference
line approximately bisects
the aft 50% of an airfoil.

CHARACTERISTICS

® Thickness, t/c = 0.102
® Leading Edge Radius,
r/c = 0.0158
o Center of Leading Edge
Circle at x/c = 0.0158
y/c = -0.0225
® Trailing Edge Tab
from x/c = 0.96
to x/c = 1.0

TYPE OF DATA AND METHOD OF TEST

Two-dimensional tests in
the Subsonic Insert of the
Boeing Supersonic Wind Tunnel
in Seattle, Wash.

Lift and pitching moments

ware determined with a balance.

Drag was determined by a
traversing wake probe survey.

Model Chord = 6.38 in
Span = 12.0 in

SOURCES

1’ LIPI‘.'.“; Ro' sw“iCk'
E.M., Peterson, L.D., Boz.ing
Wind Tunnel Test 927, Boeing
Doco NO. 02-2‘06‘-1' 19660

2) Eierman, R.L.. Nyholm,
J.R., Schreiber, R.E.,
Russell, J.H., Data Report
BSWT 412, Boeing Doc. No.
D6-20518, Dec. 1967.

3)Dadone, L.U., & McMullan,
J., HLH/ATC Rotor System Two~
Dimensional Airfoil Test,

'D301~10071~1, Dec. 1971.

1.3.250
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AIRFOIL: V23010-1.58 with -3° T.E. Tab

1.3.260

_(

AINFOIL COORDIRATES *)

z/e '/.- '/.‘
- 0.0 -9.022% -0.022%
0.00% -9.0078 -0.0329
0.0} -0.0024 -9.0362
0.01% 0.0019 -0.037¢
0.023% 0.0006 =0.0394
0.028 0.0153% -$.0404
0.047 0.0214 =-9.0412
_ 0.06 0.02¢3 =0.042
0.00 0.0327 -0.0434
0.11 0.039¢ =-$.0449
0.15 0.0438 -0.047)
0.19 0.0409 -0.0494
0.2) 0.0499 -9.0513
0.27 0.0499 -9.0322
0.31 0.0497 -0.0521%
0.3% 0.049 -0.0%17
0.3 000‘. -000“5
0.4 0.0465 =0.0487
0.47 0.0446 -9.0468
0.5} 0.0424 -0.044
‘ 0.9 0.0397 -0.0412
’ 0.5 0.0369 -$.038
0.6) 0.013¢ -0.0346
' 0.67 0.31 -0.0300
S 0.7 0.036) =0.0269
- 0.78 0.0223 -0.0226
0.7 0.0181 -9.0182
.03 0.0137 -9.01%
0.07 0.009) =0.009)
0.9 0.00%6 -§,0087
0.943 0.0020 -9.0031
0.9¢ 0.00238 -$.00238
1.0 0.00448 =9.00028%

(*)Ccordinates defined in

the Vertol reference

system, where the reference

line approximately bisects
| the aft 508 of an airfoil.

CHARACTERISTICS

e Thickness, t/c = 0.102
e Leading Edge Radius,
z/c = 0.01%8
o Center of Leading Edge
Circle at x/c = 0.0158
y/c = -0.0228
® Trailing Edge Tab
from x/c = 0.96
to x/e¢ = 1.0

TYPE OF DATA AND METHOD OF TEST

Two-dimensional tests in
the Subsonic Insert of the
Boeing Supersonic Wind Tunnel
in Seattle, Wash.

Lift and pitching moments
were determined with a balance.

Drag was determined by a
traversing wake probs survey.

Model Chord = 6.38 in
Span = 12.0 in

SOURCES

1) LaPrete, R., Storwick,
E.M., Peterson, L.D., Boeing
Wind Tunnel Test 927, Boeing
DOG. No. 02-2‘066-1' 1966-

2) Bierman, R.L., Nyholm,
J.R., Schreiber, R.E.,
Russell, J.H., Data Report
BSWT 412, Boeing Doc. No.
D6-20518, Dec. 1967.

3) Dadone, L.U., & McMullen,
J., HLH/ATC Rotor System Two-~
Dimensional Airfoil Test,
Boeing Doc. No, D301-10071-1,
Dec. 1971.
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1.3.270
AIRFOIL: V23010-1.58 With 0° T.E. Tab (Reverse Flow)

__( ——

(*)
AINPOIL COOIDINATES CHARACTERISTICS
| Me ¥/6y y/e, ® Thickness, t/c = 0.102
® Leading Edge Radius,

it | 3aE | dem £/¢ 0.0158

0.01 -0.0024 ~0.0362 e Center of Leading Edge

0.018 0.0019 -0.0379 Circle at x/c = 0.0158

aeR | e | e /e » ;o.022s

0.047 0.C%% -0.0412 ® Trailing Edge Tab

g.:: :.:.s,: -:.:g‘ from x/c = 0.96

b et | i m e

0.19 0.0489 -0.0494 TYPE OF DATA AND METHOD OF TEST
o.z; 0.0499 -o.o:u Two-dimensional test in the ..
537 0049 o0, Subsonic Insert of the Boeing
0.35 0.049 -0.0817 Supersonic Wind Tunnel in

0.39 0.048 -0.0%0% Seattle, Wash.

R Lift and piiching moments - - -
0.51 0.0424 «0.044 were obtained by integration
g.;g g.:;:"r -g.g;:z of surface differential static

. . -0, pressures.

4 0,031 T0.0308 A limited amount of drag
0.7 0.0263 -0.0269 data was acquired by a trav-
o g::}:g :::ﬁ: ersing wake probe survey.

0.8) Gewad™ -0.0136 The data was obtained over
:.:; 3::;: ::m; & range et anqlo: of attack
0.945 0.0038 -9.0031 from 160° to 200°.

0.96¢ 0.00238 «9.00238

1.0 0.00238 -9.00238 Model Chord = 6.38 in

Span = 12,0 in

(*)Coordinates defined in SOURCE
the Vertol reference Gray, L., Dadone, L.U.,
system, where the reference Groes, D.W., Child, R.P.,

Y ’ - Wind Tunnel Investigation of
line approximately bisects

the aft 50% of an airfoil. Airfoils Oscillating in

Reverse Flow, USAAVLABS TR
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v23010-1,58 WITH 0* T.E. TAB IN REVERSE FLOW
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AIRFOIL:

1.3.280
V23010-1.58 With -3° T.2. Tab (Reverse Flow)

__(r

AIRFOIL COORDINATES (*)

x/¢ y/e y/e
0.0 ~0.0225 -0.0238
0.008 -6.0078 =0.0329
0.0} =-0.0024 =0.0362
0.01% 0.0019 =0.037¢
0.035 0.009¢ =0.02394
0.63% 0.0158 ~0.0404
0.047 0.0214 =0.0412
0.06 0.02¢3 =0.042
0.08 0.0327 =0.0434
0.1} 0.039¢ =0.0449
0.15 0.0458 =0.0471
0.19 0.0409 =0.0494
0.23 0.0499 =0.051)
0.27 0.0499 -0.0322
0-35 °o°" '0-0517
6.3 0.048 =0.0308
0.43 0.0465 -0.04087
0.47 0.0446 -0.0468
0.5 0.0424 =0.044
0.55 0.0397 =-0.0412
0.959 0.0369 =0.013¢
0.63 00033‘ =0.034¢
0.67 0.030. ~0.0308
0.71 0.0263 =0.0269
0.7% 0.0223 =0.023¢
0.79 0.0101 -0.0182
0.9) 0.0137 ~0.013¢
0.87 0.009) -0.0093
0.91 0.003¢ =0.0037?
0.943 0.0028 =0.0031
0.96¢ 0.00238 -0.00233
1.0 0.00443% =0.00028%

(*)Coordinates defined in
the Vertol reference
system, ' ire the reference
line approximately bisecte
the aft 50% of an airfoil.

CHARACTERISTICS

® Thickness, t/c = 0.102
e Leading Edge Radius,
r/c = 0.0158
® Center of Leading Edge
Circle at x/c = 0.0158
o Trailing Edge Tab
from x/c = 0.96
to x/c = 1.0

TYPE OF DATA AND METHOD OF TEST

Two-dimensional test in
the Subsonic Inse.t of the
Boeing Suparsonic Wind Tunnel
in Seattle, Wash.

Lift and pitching moments
were obtained by integration

of surface differential static

pressures.

The data was obtained over
& range of angles of attack
from 160° to 200°.

Model Choxd = 6.38 in
Span = 12.0 in

SOURCE

Gray, L., Dadone, L.%.,
Gross, D.W., Child, R.F.,
Wind Tunnel Investigation of
Airfoils Oscillating in
Reverse Flow, USAAVLABS TR
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AIRFOIL:

__('

1.3.290

V23010-1.58 with +3° T.E. Tab (Raverse Flow)

]
,ﬁ AIRYOIL COORDINATES (*)
- x/¢ y/ey y/e,
! 0.0 -0.022% -0.0225
2y 0.008 ~0.6078 -0.0329
: 0.01 ~0.0024 -0.03632
» 0.018 0.0019 -0.0378
Y 0.025 0.0096 -0.0394
b 0.038 0.0158 «0.0404
; 0.047 0.0214 =0.0413
0.06 0.026% ~0.042
0.00 0.0327 =0.0434
0.11 0.039¢ =0.0449
0.18 0.0455 -0.0471
0.19 0.0489 -0.0494
0.23 0.0499 -0.0513
0.27 0.049 -0.081%
0,39 0.048 ~0.0508
0.43 0.0465 -0.0487
0.47 0.0446 -0.0468
0.51 0.0434 -000“
| 0.55 0.0397 -0.0412
‘ 0.59 0.0369 -0.038
0.63 0.0336 -0.0346
. 0.67 0.0301 -0.0309
0.71 0.0263 -0.0269
0.7% 0.0223 -0.0226
| 0.79 0.0101 -0.01602
0.02 0.0137 -0.013¢
0.87 0.0093 =0.0093
¢ 0.91 0.0056¢ -0.0087
£ 0.943 0.0028 =0.0031
S 0.96 0.003133 =0.0023%
; . 1.0 0.00028 =0.00448

(*)Coordinates defined in

the Vertol reference
' system, where the reference

line approximately bisects
the aft 508 of an airfoil.

CHARACTERISTICS

® Thickness, t/c = 0.102
® Leading Edge Radius,
r/c = 0.0158
® Center of Leading Edge
Circle at x/c = 0.0158
y/c = -0,0225
e Trailing Edge Tab
from x/c = 0.96
to x/c = 1.0

TYPE OF DATA AND METHOD OF TEST
Two-dimensional cest in the
Subsonic Insert of the Boeing
Supersonic Wind Tunnel in
Seattle, Wash.
Lift and pitching moments
were obtained by integration

‘0f surface differential static

pressures.

The data was obtained over
a range of angles of attack
from 160° to 200°.

Model Chord = 6.38 in
Span = 2.0 in

SOURCE

G:.y' L., D‘don" L.U.,
Gross, G.W., Child, R.F.,
Wind Tunnel Investigation of
Airfoils Oscillating in
Raverse Fiow, USAAVLABS TR
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AIRFOIL:

V43012-1.58 With 0° T.E. Tab

1.3.300

I e

AIRFOIL COORDINATES
x/c Y/cu Y/Cz
o'o 0.0 o.o
001 00321 -00077
.02 .0423 -.0090
.03 .0503 -.0100
.04 .0571 -.0108
.05 0631 -.0108
075 .0745 -.0110
.09 .0791 -.0118
.11 .0840 -.0130
. 125 00869 e 01‘2
.15 .0901 ~.0167
.18 .0920 =-.0200
.21 .0929 -.,0231
. 245 .0926 -.0260
'28 -0920 -00281
.32 .0905 -.0299
.36 .0880 -.0310
. 40 .0850 -.0315
o“ .0320 -0031‘
.48 .0780 -.0310
052 00733 -0030‘
«56 .0685 -.0293
.60 0635 -.0279
.64 .0582 -.0263
.68 .0527 -.0244
072 000‘69 -00222
.76 .0410 -.0198
.80 .0350 -.0172
003 00301 -061‘9
. 86 .0253 -.0125
.89 .0203 ~-.0100
.91 0167 -.0084
«925 .0140 -.0070
09‘ -0113 -00057
. 955 .0084 -.0043
098 00038 -30020
1.0 .00235 -.,00235
1.10 .00235 -.00235

CHARACTERISTICS

e Thickness, t/c = 0.12
® Leading Edge Circle,
r/c = 0,0158
Center at x/c = 0.0138
y/c = 0.0077
e Trailing Edge Tab
from x/c = 1.00
to x/e = 1.10

. TYPE OF DATA AND METHOD OF TEST

Two-dimensional test in the
Subsonic Insert of the Boeing
Supersonic Wind Tunnel in
Seattle, Wash.

Lift and pitching moments
were mesasured with a balance

Pitching moments were reduced
about 0.25.c of the nominal
chord without the T.E. exten-
sion. Drag was determined by
a traversing wake probe survey.

Model Chord = 7.018 in
(including 10%
T.E. extension)
Span = 12.0 in

SOURCE

Dadore, L., & McMullen, J.,
HLH/ATC Rotor System Two-
Dimensional Airfoil Test,
Boeing Document D301-10071-1,
December 1971.

NOTE:

1) The V43012~1.58 non-
dimensional coefficients
were determined by using
the total 7.018 in. chord.
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AIRFOIL:

Nl

V‘3012'1.53 With -6. T.E. T.b

1.3.310

—

AIRFOIL COORDINATES

x/¢ y/cy Y/c,
0.0 0.0 0.0
001 00321 -00077
.02 .0423 -.0090
.03 00503 ’00100
.04 .0571 -.0108
005 00631 -001°‘
0075 00745 -00110
.09 .0791 -.0118
.11 .0840 -.0130
.125 .0869 -.0142
.15 .0901 -.0167
«13 00920 -.0200
21 .0929 -.0231
. 245 .0926 ~-.0260
.28 .0920 -.0281
.32 .0905 -.0299
036 .0380 -00310
.40 .0850 ~.0315
<44 .0820 -.0314
.48 .0780 -.0310
.52 .0733 -.0304
.56 .0685 -.0293
O6° 00635 -00279
.64 .0582 -.0263
.68 .0527 -00244
.72 -0‘69 -00222
.76 .0410 -.0198
.80 .0350 -.0172
.83 .0301 -.0149
.86 .0253 -.0125
089 00203 -00100
.91 .0167 -.0084
0925 00140 -00070
.94 .0113 -.0057
0955 .0084 --0043
098 00038 -00020
loo 000235 -000235
1.05 .00235 | -.00235
1.10 .00760 | +.00290

CHARACTERISTICS

® Thickness, t/c = 0.12
® Leading Edge Circle,
r/c = 0.0158
Centar at x/c = 0.0138
y/c = 0.0077
® Trailing Edge Tab Extension
from x/c = 1.00
to x/c = 1.10
Tab Deflected at x/c = 1.05

TYPE OF DATA AND METHOD OF TEST
Two-dimensional test in the
Subsonic Insert of the Boeing
Supersonic Wind Tunnel in
Seattle, Wash.
Lift and pitching moments
were measured with a balance.
Pitching moments were resolved
about 0.25.c of the nominal
chord without the T.E. exten-
sion.

Model Chord = 7,018 in
(including 10%
T.E. extension)

Span = 12.0 in

SOURCE

Dadone, L., & McMullen, J.,
HLH/ATC Rotor System Two-
Dimensional Airfoil Test,
Boeing Document D301-10071-1,
Decembear 1971.

NOTE
1) The V43012-1.58 non-
dimensional coefficients
were determined by using
the total 7.018 in. chorad.

E—
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AIRFOIL:

-

SA 13109-1.58

1.3.320

AIRFOIL COORDINATES

X/ Cu

Y/ Cu

X/c,,

CHARACTERIETICS

® NACA 13109 Modified
® Leading Edge Radius, 0.0158c

TYPE OF DATA AND METHOD OF TEST
Two~dimensional test in
the S3 MA Subsonic-Transonic
hera Wind Tunnel in Modane.
Lift, drag and pitching
moments were calculated by
pressure distribution in-
tegration.
Uncorrected rasults.

Model Chord = 0,21 m
Span = 0.56 m

SOURCE

PV 4'Essais Onera No. 1 -
604 GY fascicule 1/4
Essais En Courant De Profils
De Pale D'Helicoptere
Pour Sud~Avaiation ~ Profil
SA 131 09 1.58
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AIRPOIL: NPL 9615 1.3.330

_(

AIRFOIL COORDINATES

—_

S

CHARACTERISTICS

i cm —- — R

Coordinatee continued
on page 1.3.330-4

e Thicknesas, t/c = 0.113

x/c y/cy e Leading edge radius:
F—-—+.—— t/c = 0.01883, with center at
0.0 "0001366 x/c - 0.01533: Y/c = ~0,0137
0.00443 | ~0.00155 @ Profile is circular for 40° of
0.00586 | +0.00001 arc on upper surface
0.00857 0.00268 y Profile joins smoothly with NACA
0.01359 0.00649 0012 shapa at x/c = 0.28333 on
0.01726 0.008913 the upper surface and at
0.02172 0.01163 x/c = 0.3409 on the lower surface
0.02589 0.01392
0.03065 0.01633 TYPE OF DATA AND METHOD OF TESI[S
0.03602 0.01883 The wind tunnel tests were carri-
0.04209 0.02140 ad out in the National Phyuical
0.04905% 0.02407 Laboratory, NPL, 36 in. x 24 an.
0.05297 0.02545 (0.92 m x 0.36 m) transonic tunnel,
0.057235 0.02687 at Teddington, Middlesex, England.
0.06183 0.02832 Lift and pitching moments were
0.06682 0.02980 found by integration of surface
0.07227 0.03131 static pressures. Profile drag was
0.07828 | 0.03306 determined by wake measuremencts.
0.08152 0.03365 All measurements were obtained
0.08495 0.03476 with a roughness band of 230-270
0.08858 0.03528 mesh carhorundum between 0 and 2%
0.09244 0.03612 chord on bouith surfaces. The floor
0.09656 | 0.03698 and the ceiling of the test section
0.10098 0.03786 wexe slotted. No corrections for
0.10574 r.03276 wall constraints have been applied
0.11076 0.03969 to the data.
0.11622 0.04065 Model Choxrd = 10 in (25.4 cm)
0.12239 0.04165 Span = 14 in (35.6 cm)
0.12928 0.04271
0.13688 0.041381 SOURCE

Gregory, N., Wilby, P.G., NPL
961% and NACA 0012. A Comparison of
Aerodynamic Data, ARC C.P. No. 1261,
1973.

<

PP TS SRR T S




an 1.3.330-2

; NPL 9615

| ;éﬁﬁﬁé' ;' = =

-
.

30 L .40 & .50 & .60 & .70 ¢ .80 § mAcH NUMBER, M

|

. .35 A8 .55 .65 .75 .35
{

N Ll
t

e e .y ae e



P
A—

hd
K
7
\}.
4\\'\ ,
.
i
i
o
!
'

g
Y4
: i

by
-
]

.

1-3;330'3

¥

e

e ——




1.3.330-4

x/Cy Y/cu
0.14529 0.04494
0.15403 | 0.04609
0.16378 | 0.04724
0.17425 0.04838
0.18544 | 0.04950
0.19734 0.05059
0.20995 | 0.05164
0.22358 | 0.05264
0.23700 0.05339
0.25094 0.05424
0.26450 0.05499
0.28333 | 0.05565
0.3175 0.0564
0.3409 0.0565
0.3642 0.0564
0.4115 0.0554
0.4351 0.0546
0.4821 0.0525
0.5292 0.0498
0.5763 0.0466
0.6234 0.0430
0.6704 0.0389
0.7176 0.0345
0.7646 0.0297
0.8177 0.0247
0.8588 0.0193
0.9059 0.0136
0.9529 0.0076
0.9765 0.0045
1.0000 0.0013

x/Cg

0.0
0.0002
0.0008
0.0019
0.0033
0.0056
0.0089
0.0130
0.0184
0.0236
0.0290
0.03535
0.04330
0.0498S
0.05900
0.07232
0.09030
0.10055
0.11098
0.13182
0.15269
0.17355
0.19444
0.21532
0.23624
0.25715
0.27806
0.29899
0.31990
C.34090
3.3642
0.4115
0.4351
0.4821
0.5292
0.5763
0.6234
0.6704
0.7176
0.7646
0.8117
0.8588
0.9059
0.9529
0.9765

1.00G0

PEEE———

y/¢y,

-0.01366
-0.01600
-0.01810
-0.02080
~0.02300
-0.02540
-0.02730
=0.03010
=0.03245
~0.03415
~0.03540
-0.03652
~-0,03781
-0.03870
-0.03986
-0.04143
-0.04340
~0.04446
-0.04547
-0.0473¢
-0.04911
-0.05065
-0.05202
-0.05321
-0.05422
-0.05504
-0.05568
-0.05615
-0.05640
~0.05650
-°n°564
-0.0554
-0.0546
'0.0525
-0.0498
-0.0466
-000430
-000389
-0.0345
-0.0297
-0.0247
-0.0193
~-0.0136
-0.0076
~0.0045

-0.0013

_
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AIRFOIL: NPL 9626

-

1.3.340

AIRFOIL COORDINATES

x/¢c y/ey y/e,
0.0 -0001100 -0.01100
0.00020 ~0.00791 -0.01342
0.00050 =0.00613 -0.01402
0.00100 ~0.004183 =0.01637
0.00160 =0.00238 =0.01772
0.00241 =0.00084 -0.01912
0.0035%0 +0.00159 -0.02047
0.003%00 0,0035¢ =0.02192
0.00650 0.00523 =0.02337
0.00800 0.00667 «0,024%7
0.00961 0.00016¢ «0.025%7
0.01500 0.01202 =0.0287¢8
0.02153 0.01574 =0.0315%
0.03806 0.02237 =0.037013
0.05904 0.02919 =0.04199
0.08427 0.03572 =0.04670
0.11349 0.04202 -0.05106
0.14i645 0.0477% =0.05494
0.18280 0.05267 -0.05787
0.22221 0.05644 =0.05979
0.26430 0.05091 =0.06074
0.30066 0.05999 =0.06067
0.35486 0.05938 =-0.05971
0.40243 0.05794 =0.03794
0.45099 C.05857¢ -0,0857¢
0.5 0.05294 =0.05294
0.54901 0.04960 =0.04960
0.59758 0.04583 =0.04383
0.64314 0.04176¢ =0.04176
0.69134 0.03747 ~0.03747
0.73570 0.03308 -0.03308
0.77779 0.02066 -0.02066
0.81720 0.024% =0.02430

"0.853%3 0.02011 " =0,02011
0.008651 0.01614 ~0.01614
0.91%73 ‘0.0125%0 ~0.01250
0.94096 0.00928 -0.0092%
0.96124 0.00640 -0.00640
0.97047 0.00424 =0.00424
0.9903 0.0026% =0.00260
0.9973%9 0.00140 =-0.00160
1.0 0.0012¢ -0.0012¢

‘CHARACTERISTICS3

e Thickness, t/c = 0.12066

® Designed for optimum
peaky. pressure distribu-
tions at 0.6 < M < 0.7

® Rear half is symmetrical
and identical to NACA 0012

TYPE OF DATA AND METHOD OF TEST

The wind tunnel tests were
carried out in the National
Physical Laboratory, NPL,

36 in. x 14 in. (0.92 m x
0.36 m) transonic tunnel, at
Teddington, Middlesex,
England.

Lift and pitching moments
were found by integration of
surface static pressuras.
Profile drag was determined
by wake measurements.

All measurements were ob-
tainad with a roughness band
of 230-270 mesh carborundum
between 0 and 2% chord on both
surfaces.

Model Chord = 10 in (25.4 cm)
Span = 14 in (35.6 cm)

SOURCE

ﬂilby, P.G., Gregory, N.,
and Quincey, V.G., Aerodynamic
Characteristics of NPL 9629
and NPL 9627, Further Aero-
foils Designed for Helicopter
ROtO!‘ U.al A.RCCO c.Pc NO.
1262, November 1969.
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NPL 9627

1.3.350

‘—‘-_.--.-""f::=---

AIRFOIL COORDINATES

x/a

0.0

0.00020
0.00050
0.00100
0.00160
0.00241
0.003%0
0.00500
0.00650
0.00800
0.00961
0.01500
0.02153
0.0380¢
0.05904
0.08427
0.11349
0.14645
0.18280
0.22221
0.26430
0.300866
0.35486
0.40248
0.45099
0.5

0.54901
0.59755
0.64514
0.69134
0.73570
0.77779
0.01720
0.05358
0.88651
2.91573
0.94096
0.96194
0.97047
0.9903
0.99739
1.0

Y/6y

-0.01600
-0.01301
«0.01127
~0.00913%
-0.00764
=0.0058)
=0.00389
-0 000133
+0.00060
0.00243
0.00415%
0.0009¢
0.0133¢
0.02103
0.02872
0.03548
0.04182
0.04728
0.08173
0.08502
0.05730
0.05049
0.0506¢
0.05764
0.05574
0.05294
0.04960
0.04581
0.04176
0.03747
0.03308
0.02866
0.02430
0.02011
0.01614
0.01250
0.00923
0.00648
0.00424
0.00260
0.00160
0.0012¢

y/e

=0.01600
-0.01842
=0.01962
=0.02137
~0.02272
-0.02412
~0.02547
=0.02692
=0.02837
=0.02957
=0.03087
=0.03378
=0.0365%
=0.04203

-0.04762 |

=-0.05279
=0.05707
=0.06028
=0.06261
~0.061202
=0.061399
=-0.061313
~0.06134
=0.03878
=0.09600
=0.05294
=0.04960
=0.0450)
=3.04176
~0.03747
=0.03200
-0.02866
=0.02430
=0.02011
=0.01614
=-0.01230
=0.00925
=0.00648
=0.00424
=0.00260
=0.001¢n
~0.0012¢

CHARACTERISTICS

® Thickness, t/c = 0,12265

e Designed to improve the per-
formance of the NPL 9629 at
M=o(0.5

@ Rear half is symmetrical and
identical to NACA 0012

TYPE OF DATA AND METHOD OF TEST

The wind tunnel tests were
carried out in the National
Physical Laboratory, NPL,

36 in x 14 in (0.92 m x 0.36 m)
transonic tunnel, at Teddingtoa,
Middlesex, England.

Lift and pitching moments were
found by integration of surface
static pressures. Profile drag
was determined by wake measure-
ments.

All measurements were obtained
with a roughness band of 2130-270
mesh carborundum between 0 and
2% chord on both surfaces.

Model Chord = 10 in (25.4 cm)
&éran = 14 in  (36.0 cm)

SOURCE

Wilby, P.G., Gregory, N., and
Quincey, V.G., Aerodynamic Charac-
teristics of NPL 9629 and NPL
9627, Further Aerofoils Designed
for Helicopter Rotor Use, A.R.C.
C.P. No. 1262, November 1969.
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AIRFOIL: NPL 9660 1.3.360
\
— e
AIRFOIL COORDINATES CHARACTERISTICS

® Thickness, t/c = 0.113

® Leading edge radius:

z/c = 4.018R3, with center at
0.0 -0.013¢€5 x/c = 0.01883, y/c = =0.0137
0.00443 | -0.00155 ® Profile is circular for 40° of
0.00586 | +0.00001 arc on upper surface
:00857 0.00268 ® NPL 9615 contour modified to
0.0i359 J.00649 include a 0.035¢ trailing edge
0.0172¢8 0.00893 tab in the neutral position.
0.02172 0.01163
0.02589 0.01392
0.03065 0.01633 TYPE OF DATA AND METHOD OF TESTS
0.03602 0.01883 The wind tunnel tests were carri-
0.04209 0.02140 ed out in the National Physical
0.04905 0.02407 Laboratory, NPL, 36 in. x 14 in.
0.05297 0.02545 (0.92 m x 0.36 m) transonic tunnel,
0.05723 0.02687 at Teddington, Middlesex, England.
0.06183 0.02832 Lift and pitching moments were
0.06682 0.02980 found by integration of surface
0.07227 0.03131 static pressures. Profile drag was
0.07828 | 0.03306 determined by wake measurements.
0.08152 0.03365 All measurements were obtained ‘
0.08495 0.03476 with a roughness band of 230-270
0.08858 | 0.03528 mesh carborundum between 0 and 2%
0.09244 0.03612 chord on both surfaces. The floor
0.09656 0.03698 and the ceiling of t.e test section
0.10098 0.03786 were slotted. No cosrections for
0.10574 0.03876 wall constraints have been applied
0.11076 0.03969 to the Aata.
0.11622 0.04065 Model Chord = 10 in (25.4 cm)
0.12239 0.04165 Span = 14 in (35.6 cm)
0.12928 0.04271
0.13688 0.0438) SOURCE

Wilby, P.G., Effect of Production
Modifications to the Rear of Westland
Lynx Rotor Blade on Sectional Aero-

Coordinates continued

43
on page 1.3.360-4 dynamic Characteristics, RAE TR 73043,

February 1973.
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1.3.360-4

x/cy y/cu T
0.14520 | 0.04494
0.15403 | 0.04609
0.16378 | 0.04774
0.17425 | 0.04838
0.18544 | 0.04950
0.19734 | 0.05059
0.20995 | 0.05164
0.22358 | 0.05264
0.23700 | 0.05339
0.25094 | 0.05424
0.26450 | 0.05499
0.28333 | 0.05568%
0.317% 0.0564
0.3409 0.0565
0.3642 0.0564
0.4115 0.0554
0.4351 0.0546
0.4821 0.0525
0.5292 0.0498 !
0.5763 0.0466 |
0.6234 0.0430
0.6704 0.06289 |
0.7176 0.C345
0.77779 | 0.02838
0.8152 0.02395
0.85355 | 0.01915
0.80651 | Nn.01450
0.91573 | v.010201
0.94096 0.00625"
0.96194 | 0.00280
0.97847 | 0.00150
0.99039 | 0.00190
0.99759 | 0.00173
1.0 0.00130 |

x/cy T y/cq

0.0 -0.01366
0.0002 {-0.01600
0.0008 ~0.01810
0.0019 ~0.02080
0.0033 (-0.02200
0.0056 [-0.02540
0.0089 |~-0.027130
0.0130 |[-0.03010
0.0184 [~-0.03245
0.0290 |-0.03549
0.03535 |[~-0.03652
0.04330 {~0.03781
0.04985 {~0.03870
0.05900 |-0.03986
0.07232 |~0.04143
0.09030 |-0.04340
0.10055 [~0.04446
0.13182 |-0.047136
0.15269 [-0.04911
0.17355 }|=-0.05065
0.19444 |-0.05202
0..1532 |~-0.05321
0.23624 |-0.05422
0.25715 |-0.05504
0.27806 !-0.05568
0.24899 [-0.05615
0.31990 |-0.05640
0.34090 }~0.05650
0.3642 {-0.0564

0.4115 |=0.0554

0.4351 |-0.0546

0.4821 [-0.0525

10.5292 |~0.0498

3.5763 |-0,0466

‘0.6234 -0.0430

l0.6704 |-0.0389

0.7176 ~0.0345

0.77779 -0.02838
n.8152 |-0.02395
0.85355 {~0.01915
0.48651 |-0.01450
0.91573 |-0.01020
0.94096 |-0.00625
0.96194 [-0.00280
0.97847 {~0.00190
0.99039 |{-0.00190
0.99759 {-0.00173
l.0 -0.00130




N -

AIRFOIL:

Nl

AIRFOIL COORDINATES

NACA - CAMBRE

1.3.370

x/c y/ey y/e,
0. ~.0149 ~,0169
.0085 ~-.0029 «.0276
0104 .00213% ~.0307
0198 00975 | -.0328
0293 .016) =,0360
. 0402 .0220 ~,0379
.080 0263 ~.0399%
0897 0499 =-,0408
0707 0324 =, 0425
. 854 .0374 =.0440
.10 0408 -,0456
«1195 0445 -.047%
. 140 0477 =,049)
158 .050 -.0507
177 05319 -.0821
198 .,0534 -.05238
.226 .0554 ~.0554
. 256 ,0566 -.0366
287 ,08738 | ~.05738
311 .0576 ~.0876
«330 .087% ~,0575
» 366 0571 -.057]
5‘15 -0557 -10557
450 0341 ~.0841
.50 0518 -~.0518
.5137 .0492 ~.049232
573 .0466 "-04‘5
.610 .0428 ~.04128
646 +0407 ~.0407
683 0374 ~.0374
«732 .0328 ~-.02328
768 .03291 -.0291
817 .0238 ~.0330
<054 <197 ~.0197
470 .0168 ~.0168
0’15 -0124 -,0124
939 .0093 ~.009)
961 .0061 -.0061
978 20045 ~,0045%
| 1.0 0012 | ~-.0012

——

CHARACTERISTICS

NACA 0011,8 profile with a
cambared leading edge extension.

TYPE OF DATA AND METHOD NF TEST

Two-dimensional test in the S3MA
subsonic~transonic onera wind
tunnel in Modane. Lift and
pitching moments were calculated
by pressure distribution inte-

.gration. Drag was determined by

a transvering wake probe survey.

Model Chord = 0.215 m
Span = 0.560 m

SOURCE

Onera Note Technique D'Informa-
tion No. 3 - 0805 GY fascicule
1/2 "Essais en courant plan a
S3MA du profil NACA 0012 a
axtension cambree d2 bord d'attague
(resultats couriges des effets
de parois)."
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AIRFOIL: VR-7 WITH 0° T.E. TAB 1.3.280

_( T

AIRFOIL COORDINATES CHARACTERISTICS

ﬂ e Thickness, t/ci- 0.12
. x/¢ y/ y/e L L‘.ding Edge Circle
j . Su t r/c = ,0113
i o:oos 0:0“5 2:00575 Center at x/c = .01055 1
.01 .0218 | -.0081 yc = .004
.02 0298 | -.0109
104 10418 | Zi01s4s ® Trailing Edge Tab
a0 | o) Tgl ) from e s o8 |
. . = to x/c = 1,01
s ‘aaey | Cioises T.E. Tab Thickness, !
.102 .0648 -.02148 t/c = 0.005
.12 0691 | -.02288 ;
i 14 oy | Tooal TYPE OF DATA AND METHOD OF TEST |
5 .18 .0008 | -.0260 _
.20 0838 | ~-.0266 Two-dimensional test in the sub- :
-323 ey | D:8am sonic insert of the Boeing 4
l .29 .0909 | -.0285 Supersonic Wind Tunnel in Seattle, i
', .33 0914 | -.0289 Wash. .
'- R |
.45 20056 | -.0275 Lift and pitching moments were 1
, .49 L0006 | -.0260 .
; :3 ‘3;:; _‘g:;g measured with a balance .‘
) :g :g::: -:85: Lrag was determined by a tra- ¥
1 f,; :82i3 ':8132 versing wake probe survey. ;
i 217 0374 | -.01078 Model Chord = 6.38 in :
| o, | el | e Span = 12 1n
.8 0167 | =.00425
‘ 91 0108 | -.0023s SOURCE
i ::’ -:gg ;-:”‘ Dadone, L., and McMullen, J.,
. 1.01 ~00%0 0.0 "HLH/ATC Rotor System Two-
Dimensional Airxrfoil Test",

Boeing Document D301-10071-1,
December 1971.
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VR-7 WITH 0° T.E. TAB
i g ' - oa—— .08

e an




AIRFCIL:

_

VR-7 WITH -3.1° T.E. TAB

1.3.390

\_

AIRFOIL COORDINATES

x/c y/e, y/cp
0. 0. 0.
.005 .0165 -.00578
.01 .0218 -.0081
.02 .0298 -.0109
003 003615 -00129
.04 .0415 -.01445
.05 .04605 | -.01585
.06 .05025 | -,01710
007 00541 -001805
. U85 .9593 -.01985
.102 .0625 -.02145
.12 .0691 -.02285
.14 .0737 -.0241
.16 .0775 -.0251
.18 .0808 -.0260
.20 .08538 -.0266
.225 .0867 -.0273
.255 .0892 -.0280
.29 .0909 -,0285
.33 .0914 -.0289
.37 .0905 -.0290
l‘l 30887 '.0285
45 .0856 -.0275
053 00767 -.02‘0
57 .0710 -.0220
'61 006‘6 -00199
.65 .0580 -.0179
.69 .0514 -.0158
.73 . 0447 ~.0138
077 0037‘ “001075
.81 .0301 -.00845
.845 . 0235 -.0064
.88 .0167 -.00425
.91 .0105 =-.00235
.935 . 0062 -.0006
.96 .0050 0.0
1.01 00771 .00271

CHARACTERISTICS

® Thickness, t/c = 0.12
® Leading Edge Circle:

r/c = ,0113
Center at x/c = ,01055
y/c = ,004

® Trailing edge tab

from x/c = .96
to x/c = 1,01

Tab thickness, t/c = 0.005

TYPE OF DATA AND METHOD OF TEST

Two~dimensional test in the
subsonic insert of the Boeing

supersonic wind tunnel in Seattle,

Washington.

Lift and pitching moments were
measured with a balance.

Model Chord = 6.38 in
Span = 12 in

SOURCE

Dadone, L., & McMullen J.,
"HLH/ATC Rotor System Two-
Dimensional Airfoil Test", Boeing
Document D301~10071-1, Dec. 1971

!
]
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1.3.390-3
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AIRFOIL: VR-7 With -5.9°¢ T.E.TAB

1.3.400

_

\_

AIRFOIL COORDINATES

x/c Y/Cu
.005 .0165
.01 .0218
.02 .0298
.03 .03615
.04 .0415
.05 . 04605
.06 .05025
.07 .0541
.085 .0593
.102 .0645
.12 .0691
.14 .0737
.16 .0778
.18 .0808
.20 .0838
.225 .0867
255 .0892
.29 .0909
.33 .0914
.37 .0905
.41 .0887
.45 .0856
.49 .0816
.53 .0767
.57 .0710
.61 .0646
.65 .0880
.69 .0514
.73 .0447
.77 .0374
.81 .0301
.845 .0235
.88 .0167
.91 .0105
.935 .0062
.96 .0050
1.01 .01017

y/c

-.00575
-.0081
-,0109
-.0129
-.01445
-.,01585
-,01710
-.01805
-.01985
~-.02145
-.02285
-,0241
-.0251
-.0260
-.0266
-.0280
-,0285
-.0289
-.0290
-.0285
-.0275
-.0260
-.0240
e 0220
-,0199
-.0179
-.0158
-.0138
-.01075
-0008‘5
-.00425
-.00235
-.0006
0.0
.00517

e — =
T L . i

CHARACTERISTICS

® Thickness, t/x = 0.12
e Leading Edqq Circle:

r/c = ,0113
Center at x/c = ,01055
y/c = .004

e Trailing edge tab:

From x/c = .96
to x/c = 1.01

T.E. Tab Thickness, t/c = 0.005

TYPE OF DATA AND METHOD OF TEST

Two-dimensional test in. the

subsonic insert of the Boeing super-
sonic wind tunnel in Seattle,
Washington.

Lift and pitching moments were
measured with a balance.

Model Chord = 6.38 in
Span = 32, in

SOUNCE

Dadone, L., & McMullen, J.,

"HLH/ATC Rotor System Two~dimension-
al Airfoil Teaxt", Boeing Document
D301-~10071-1, December, 1971

P e
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VR-7 WITH -5.9° T.E. TAB

MACH NUMBER, M

U

-

B i Ahem o B < s e 0




«

.~ mw——

e 2

VR"T “lm "5-9. TlEs T“B

l.3.um"3




AIRFOIL:

VR-8 With 0° T.E. TAB 1.3.410

—

AIRFOIL COORDINATES

x/c_| ¥/Cypp Y/Clow
0. 0. 0.
.005| .00850 | -.00535
.01 .01175 [ -.0737
.015| .01425 | -.00880
.025| .0183 |-.01090
.035| .0217 |-.01255
.05 .0261 | -.01465
.07 .0309 |[-.01685
.095| .0357 |-.0190
.125| .0402 |-.0212
.16 .0444 | -.0232
.20 .0480 | -.0250
.25 .0510 |-.0266
.30 .0530 |-.0277
.35 .0535 |-.0280
.40 .0525 | =-.0276
.45 .0502 |-.0265
.50 .0467 |~-.0247
.55 .0426 |=-.0225
.60 .0380 |=-.0200
.65 .0333 |-.0175
.70 .0285 |~.0150
.75 .0237 |~-.0125
.80 .0190 |-.0100
.85 .0)428 | ~-.0075
.89 .01048 | -.0055
.92 .00761 | -.0040
.945 | .00524 | -.00275
.96 .003404|-.001596
1.01 .003404|-.001596

CHARACTERISTICS

e Thickness, t/x = 0.08
e Leading Edge Circle:
r/c = 0.00585

Center at x/c = 0.0058
y/c = 0.00088
e Trailing Edge Tab:
from x/c = 0.96
to x/c = 1.01

T.E. Tab Thickness, t/c = 0.005
TYPE OF DATA AND METHOD OF TEST

™wo-dimensional test in the sub-
sonic insert of the Boeing super-
sonic wind tunnel in Seattle,
Washington.

Lift and Pitching moments were
neasured with a balance.

Drag was determined by a traversing
wake probe survey.

Model Chord = 6.38 in
Span = 12, in

SOURCE

padone, L., & McMullen, J., "HLH/
ATC Rotor System Two-dimensional
Airfoil Test", Boeing Document,
D3G1-10071~1, December, 1971
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1.3.410-2

_YR-8 WITH O T.E. TAB

o o a © @ & & & & ¢ & 6 &
.20 .30 .40 .50 .58 .61 .66 .7. .76 .82 .85 .90 .95 MACH NUMBER, M

2. 0S
M Rexl0”

404 7.3
504 - B.7
609 | 10.2
710 11.2

13 12.0
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LIFT COEFFICIENT, C,
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+200
300
404
.500
114
610
660
714
764
.82 ¢
450
.900

954

MACH WUNBER, M

VR-8 WITH 0* T.E, TAB

Raxlao~5

11,2
11.7
12,1
12.4
12.¢
12.9

;
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AIRFOIL:

VR-7.1 With -l. T-Eo TAB

1.3.420

\_

AI,'FOIL COORDINATES

t

x/c y/¢c
. *
.005
.01
.02 3
.03 2
.04 °
.05 Q
.06 0
.07
.085
.102 .0645
en2 .0691
.14 .0737
.16 .0775
.18 .0808
.20 .0838
.225 .0867
.255 .0892
.29 .0909
.33 .0314
.37 . 0905
.41 .0887
.45 .0850
.49 .082.6
.53 .0767
.57 .0710
.61 .0646
.65 .0580
.69 ,0514
.73 ., 0447
.77 .0374
.81 .0201
.B45 .0235
.88 .0167
.91 .0105
.935 .0062
.96 .0050
1.0l .00587

y/c,

-.0081
-.,0109
-.0129
-.01445
-.01585
-.01710
-.01805
-.01985
~-.02145
-.02285
-.0241
-.0251
-.0266
-.Nn280
-~.0285
-.0289
-.0275
-.0260
-.0240
-.0220
-.0199
-.0179
i) 0158
'00138
-.01075
-.00845
-.0064
-.00425
-.00235
~.0006
0.0
.00087

CHARACTERISTICS
o Thickness, t/c = 0.12
e Leading Edge Circle:

r/c

e Trailing Edge Tab

from

=,0.13
Center at x/¢ = ,91055
y/c = .004
x/c = .96
x/c = 1,01

€O

T7,E. Tab Thickness, t/c = 0.005
TYPE OF DATA AND METHOD OF TEST

Two-dimensional test in the sub-
sonic insert of the Boeing super-
sonic wind tunnel in Seattle, Wash.

Lift and Pitching moments were
measurad with a halance.

Model Chord =  6.38 in
Span = 12, in

SOURCE

Dadonﬂ ’ L. ’ & Mcr&ullen [} J. ’ "HLH/IATC

Rotor System Two-dimensional Airfoil
Test", Boeing Document D301-10071-1,
December, 1971

NOTE: Same contour as the VR-7 air-
foil except for the following coor-
dinates:

x/¢C Y/c x/c y/c
. 00050 .55578 .03560 .UZI!H
.00180 | .01275|1.04430 | .04510
.0039C ! .01615(|.05370 | .04890
.00670 | .02000| |.0€400 | .05250
.01050 | .02430| |.07550 | .05640
.01550 | .02890 {.08800 06030
.02120{ .03310( [.10200 06450
.02800 | .03730

.
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AIRFOIL: FX 69-H-098 (Wortmann)

1.3.430

‘—-.-.-_-"‘T:=.._.

AIRFOIL COORDINATES: .

x/c /c /c
0. 00 0.
.0043| .0096| - .0069
.0096| .0148 ) - .0096
.0172 .0204 | - .0122
.0384; .0320| ~-.0171
.0520( .0377| -.0192
.0851| .0486 ] ~.0231
.12531 .0573 | -.0264
.1721} .0630| -.0292
.2245) .0661| -.0313
.2818| .0666 | ~.0323
.3429 | .0654 | -.0324
.4070( .0631| -.0317
.4710( .0598| -.0305%
05380 00553 -.0288
 .6035| .0501| -.0267
.6673| .0442| -,0242
.7283| .0377| -.0215
.7856  .0312 ) ~-.0186
.8379 .0248| ~.0156
.8847| .0185| -.0126
.9579| .0072| -.0064
1.0000| .0009| ~-.0013

CHARACTERISTICS

® Thickness, t/x = 0,098

e Leading Edge Radius,
r/c = 0,006

TYPE OF DATA AND METHOD OF TEST

Wind tunnel tests conducted
at the United Aircraft Research
laboratcries.

SOURCE

Kemp, L.K., "An Analytical Study
for the Design of Advanced Rotor
Ai:£°il."' NASA CR-1122970

March 23, 1973
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FX 69-H-098
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FX 69-H-098




1.4.10 EVALUATION OF APPROXIMATE LIFT/DRAG POLARS

As long as the character of the stall does not change dras-
tically with varying airfoil geometry or flow conditions, the
lift/drag polars of a known section can be altered to reflect
changes in:

e Overxrall camber

e Trailing edge reaflex angle
e Mach Number

® Reynolds Number

The evaluation of the new drag polars is a function of the
accuracy in specifying the effect of the variations being con-
sidered on:

® The maximum lift coefficient

e The design lift coefficient, or the lift for minimum
drag

e The minimum drag level

Table I illustrates, step by step, the evaluation of the
drag polar for the NACA 64A312 airfoil (data sheet 1.3.180)
utilizing the pclar of the A 64A(4.5)12 of data sheet
1.3.190. Columns (;) and show a tabulation of lift and
drag coefficients, TespectiValy, for the NACA 64A(4.5)12. The
design lif:, maximum iift and minimum drag coeffic.ents of
this section are

Cey = 0.45
C‘Max = 1,43
Cdpy, = +0078
Columns (;) and of Table I list the values for the
lift/drag polar normalized by use of the expressions:
L6t - v CM
Normalized Lift CI;;§=ETI (a)

Normalized Drag = Cgq -~ Cdmin (b)

...---..._<‘.-.
Y
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1.4.10-2

The NACA 64A312 has the following characteristics:

C,. L 0-3

i

Cagi, * 0:0065

The maximum 1ift and minimum drag values at M = 0.4 were
obtained from data sheet 1.3.18C in_order tg illustrate the
accuracy of this method. Columns (;) and of Table I show
the 1ift and drag coefficient valued obtain@d by utilizing_dn
expregsions (a) and (b) the normalized values of columns

and together with the C; ./, Cyyays and Cg values for
the new section. 1" ThMax min

Figure 1 compares the approximate lift drag polar with
values from data sheet 1.3.180. The original NACA 64A(4.5)12
is also shown.




1.4.10-3

ESTIMATED
VALUES FOR
KNOWN SECTION NORMALIZED VALUES RELATED SECTION
® ® ® @ ® ®
NACA 64A(4.5)12 Cy ~ Cgy NACA 64A312
: Cy Cq Comax ~ Cri (Ca - Cmin) Cq Cq
;; 0. 0.008 -.4592 0.0002 -.1546 .0067
.2 0.008 -.2551 0.0002 0474 .0067
.4 0.0079 -.0510 0.0001 12495 .0066
1 .6 0.0079 1531 0.0001 +4516 0066
~ .8 G.0084 3571 0.0006 6535 .0071
1 1.0 0.0094 5612 0.0016 .8556 .0081
1.1 0.01 6633 0.0022 9557 .0087
1.2 0.0109 7653 0.0031 1.0576 .0096
1.3 0.0123 8673 0.0045 1.1586 .0110
1.4 0.0152 9694 0.0074 1.2597 .0139
1.42 0.0185 9900 0.0107 1.2810 0172
, 1.43 0.028 1.0 0.0202 1.29 .0267

NACA 64A(4.5)12 NACA 64A312
| Chy = 0.45 Cyy = 0.30
| Camy, ™ 0-0078 Cdpip = 0.0065

;',
p
L
|

;0

: TABLE I. Evaluation of the lift Jdrag polar of tie NACA 64A312
! airfoil at M = 0.4 from data on!a related airfoil.
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1.4.20 LIFT, DRAG AND PITCHING MOMENT COEFFICIENTS AT LARGE
ANGLES OF ATTACK ,

Data Sheets 1.3.30 and 1.3.130 show data for the NACA 001z
and NACA 63A012 airfoils at angles of attack from a = 0° to
s = 180°. The main difference between the two sets of data,
besides the airfoil section, is the fact that the NACA 0012
was obtaineud at low speaed, M * 0.1, while the NACA 63A012 was
tested at M = 0,3, However, except for small differences in
the maximum values of the lift, drag, and pitching moment co-
efficients, the curves for the two airfoils are quite similar
at angles abova 20°., At angles from 0° to +20°, i.e., within
the normal operating range of the airfoils, the sectional

characteristica are quite ssnsitive to flow and contour vari-~
ations.

Portions of a helicopter rotor blade encounter very large
angles of attack within the reverse flow region as a result
of rotor operation in forward flight. Even though the veloc-
ities near and inside the reverse flow circle are small, an

estimate is often required of the airloads the blade has to
sustain within such a region.

Recent data is limited .to tne NACA 0012 and NACA 63A012,
presanted in grta sheets 1.3.30 and 1.3.130. Additional data
from Riegels(") on the G8420 and G6623 airfoils (both cam~-
bered) is shown in Figures l(a) and 1l(b).

Figures 2, 3, and 4 show how the NACA 0012 data and the
trends from Figures l(a) and 1l(b) can be utilized to estimate
the sectional characteristics of the VR-7 airfoil for the
complete range in angles of attack from 0° to 360°,

The approximate characteristics of Figures 2, 3, and 4 are
subject to the following assumptions and limitations:

1. At angles of attack near 90° and 270°, it has been
assumed that the lift is zero independently of airfoil
shape, as at such conditions any section will behave

nearly as a flat plate. Similarly, it has been assumed

that the airfoil shape has a negligible effect on the
drag at a = 90° and 270°.

2. The pitching moment about the quarter chord reaches its

maximum value at o = 120° (and therefore at a = 240°)
for both the NACA 0012 and the NACA 63A012. As shown

in Figure l(a) this holds true for cambered airfoils as

well.

(*) Riegels, F.W., Aerofoil Sections, BUTTERWORTHS SCIENTIFIC
PUBLICATIONS, London, 1961.
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3.

4.

Camber will influence the angles for zeru lift and

zero pitching moment in the vicinity of a = 180°. Data
sheets 1.3.270, 1.3.280 and 1.3.290 show data for the
V23010-1.58 airfoil with various trailing edge configu-~-
rations, at angles of attack from 160° tn 200°. Unless
test data is available, the determination of the sec-
tional characteristics at low lift levels in reverse
flow is extremely difficult, since the reversed airfoil
has a sharp "leading edge" and a blunt "trailing edge",
the first of which will cause laminar separation (with
some reattachment bubhle) and tha sacond will prevent
the establishment ¢f the "Kutta-Joukowski® condition.
3ince the flow environment in the reverxse flow region
can be approximated only very roughly with present rotor
performance prediction methods, under normal circum-
stances there is little to be gained from an accurate
definition of the sectional characteristics at 160° <

~ < 200°, and unless directly applicable test data is
available (a.g., the V23010-1.58) it should be suffi-
cient tc ignore camber and use the data for the

NACA 0012 on NACA GJA0l2.

The only condition for which it is normally necessary
to define the sectional characteristics at high angles
of attack is for 10° < a < at Mach Numbers up to

M= 0,5 as the quasi~steady force ai( moment coeffi-
cients for such flow conditions are the basis for the
approximate evaluation of dynamic stall delay effects.

The lift coefficient of a symmetrical section attains
secondary maximum values at a = 40° - 45° and again at
a = 135° » 140°, It can be assumed that camber has
negligible influence on the angle of attack for such
secondary maximum lift values; however, some level ad-

.justment should be made, since theras is evidence that

cambered sections, such as the ones shown in Figures
l(a) and l(b), have different secondary peaks in maxi-
mum lift for angle of attack regions 20° < o < 180°
and 180° < a < 340°,

Some level adjustments in the characteristics at high
angles of attack will genaerally be necessary to extend
post atall data at different Mach Numbers.

-
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